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Mel lish. 
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SECTION I 


SUMMARY 


A. STUDY OBJECTIVES AND SCOPE 

The major objectives of this Low-Thrust Chemical Rocket Engine Study 
were to provide parametric data and preliminary designs on liquid rocket 
engines for low-thrust cargo orbit-transfer-ve*’icles (COTV) and to identify 
those items where technology is required to enhance the designs. 

Specific study objectives were: 

° Provide fundamental propellant property, combustion property, and 
performance data for O2/H2, O2/RP-I, and O2/CH4 engine 
concepts. 

° Establish the combined thrust level and chamber pressure range 
over which conventional film-cooled and regenerati vely cooled 
low-thrust chamber designs are feasible. 

° Identify potential operating conditions by considering advanced 
cooling schemes. 

° Devise engine system concepts for the low-thrust application. 

° Generate parametric performance, weight, and envelope data for 
viable concepts based upon historical data and conceptual evalua- 
tions. 

° Select a concept and design point for preliminary design. 

" Prepare a preliminary design of the selected engine concept. 

° Update the parametric data and provide these data in a format 

suitable for use by COTV vehicle system contractors. 

To accomplish the program objectives, two major engine design drivers 
were evaluated in the study: ( 1 ) cooling and ( 2 ) engine cycle. The propel- 

lant combinations, coolants, cooling methods, and parametric ranges investi- 
gated are summarized in Table I. Pressure-fed and pump-fed engine categories 
were investigated for this engine application. Parametric weight, envelope, 
and performance data are provided for various cycle options within each engine 
category. The cycle options evaluated include conventional pressure-fed, 
parallel accumulator, expander, turboalternator, auxiliary power source, and 
pump-filled feed tank concepts. 


TABLE I. - LGW-TriRUST ENGINE STUDY CASES 
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I, Summary (cont.) 


C. RESULTS AND CONCLUSIONS 

1. Regenerative Cooling Analysis Results 

Tro study showed that cooling with kerosene, RP-1, was not feas- 
ible over the entire thrust and chamber pressure ranges using conventional de- 
sign practice and criteria. The thermal data showed that the RP-1 bulk tem- 
perature exceeded the coking temperature limit of 1010°R. Therefore, design 
features to minimize the enthalpy rise of the coolant were investigated. A 
graphite thermal liner, short chamber lengths, and purified RP-1 were assumed 
to obtain the results shown in Figure 1. With these features, RP-1 was found 
to be a feasible coolant over combined thrust and chamber pressure ranges of 
1100 N (250 IbF) and 1.36 atm (20 psia) to 13345 N (3000 IbF) and 47.6 atm 
(700 psia). These results were obtained assuming no benefit from carbon de- 
position. It was not considered prudent to base the design studies on the 
dependence of a carbon layer formation because of uncertainties in the 
experimental data base. 

Methane, CH4, [>rovided a larger feasible cooling regime, as 
shown in Figuri' 1. The cooling limit shown on the figure was obtained for 
advanced designs using a thennal liner and short chamber lengths. Without 
advanced features, the minimum thrust level that is feasible to cool at 68 
atm (1000 psia) chamber pressure was determined to be 7120 N (1600 IbF). 

Hydrogen, H2, provided the largest cooling operating map, as 
shown in Figure 1. Thermal liners are not required or desired with this cool- 
ant. The limit shown in the figure is for an advanced short chaniber; however, 
even for longer chamber lengths, an engine with a thrust level as low as 
4448 N (1000 IbF) was found to be feasible to cool at 68 at . (1000 psia). 

Based upon the coolant investigations, the following re- 
generativcly cooled systems were evaluated in the system concept studies: 


Propel lant 
(.oiiibi nation 

Coolant 

Regen Cool i ng 
Scheme 

O2/RP-I 

RP-1 

Advanced 

O2/H2 

II2 

Conventional 
and advanced 

(>2/0114 

CII4 

Convent lonal 
and advanced 
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Figure 1. Regen Cooling Limits Sunmary 







I, B, Results and Conclusions (cont.) 


2 . Film Cooling Analysis Results 

Th'' results of film cooling studies to establish the upper chamber 
pressure limit, based on a 10% performance degradation, are shown i’~ Figure 2 
for the three fuels. The performance degradation is based upon a comparison 
with the performance oT an engine requiring n film cooling. Hydrogen and 
RP-1 provide small film cooling feasible regimes. Film cooling with methane 
was not found to be feasible unless it was assumed that the CH4 decomposes. 
Since an analysis of the kinetics of CH4 decomposition was beyond the scope 
of this study effort, CH4 film cooling was dropped from the study. The RP-1 
film cooling regime was deemed to be too small to be feasible; consequently 
only the O2/H2, H2 film-cooled engines were carried into the concept 
eval uitions. 


3 . Concept Evaluation Result s 

Various propulsion system concepts were screened to identify those 
most promisiiiy for the COTV. The basic engine system concepts evaluated are 
shown in Figure 3. Engine performance, weight and envelope parametric data, 
and system weight differences were established to aid in this screening pro- 
cess. 


As shown by Figure 3, two pressure-fed concepts (i.e., conven- 
tional pressure-fed and parallel accumulator) and four basic pump-fed con- 
cepts woe evaluated. A mixed expander/turboalternator cycle was also 
included in the O2/H2 engine investigations. This cycle has the fuel pump 
and alternator driven in the expander mode whereas the oxidizer pump is driven 
by an electric motor. 

Based upon the coolant evaluations and system considerations, the 
concepts considered to be applicable for each candidate system and coolant are 
shown .11 Figure 4. More options are available '..ith O2/H2 regeneratively 
cooled engines. 

The ranking of the system concepts in the order of increasing 
weight is listed below: 
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Figure 2. Film Cooling Analyses Results 
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Figure 3. Basic Engine System Concepts 





























1, B, Results and Conclusions (cont.) 


Additional 



Concept 

Weight Driver 

1 . 

Expander Cycle 

- 

2 . 

Mixed Expander/ Turbo- 
alternator Cycle 

Electrical Components 

3. 

Turboolternator Cycle 

Electrical Components 

4. 

Auxiliary Power Sorree 

Fuel Cells 

5. 

Pump-Filled Feed Tanks 

Accumulators 

6 . 

Parallel Accumulator 

Accumulators and 
Pressurization 

7. 

Conventional Pressure- 
Fed 

Large Tanks and 
Pressurizat ion 


Ihe results of the concept comparisons showed that film-cooled 
onyine performance is too low. There is a 10% performance loss when compared 
to a regenerati vely cooled engine at only moderate (i.e., 6.8 atm (100 psia' 
to 13.6atm (200 psia)) operating chamber pressures. Film-cooled systems are 
also only applicable with the heavier-weight system options. 

RP-1 systens are also only applicable with the heavier system con- 
cepts because heated RP-1 is not a good turbine drive fluid. 

Methane regenerati vely cooled pressure-fed systems are not practi- 
cal because feasible cooling system designs could have only been obtainec if 
the coolant pressure had been maintained above the critical pressure of CH 4 ; 
4b. 4 atm (bb7 psia). This makes the propellant tanks and pressurization sys- 
tem too heavy. 

Hydrogen regenerati vely cooled engines have the highest perfona- 
anco, demonstrating approximately a 120-sec advantage over RP-1 and a Ob-scvC 
increase in comparison to CH 4 . Pump-fed, regenerati vely cooled engines are 
also the lightest weight system options. 

As a result of these concept evaluations, a pump-fed, regenera- 
tively cooled, mixed expander/turboalternator O 2 /H 2 engine was selected 
tor preliminary design. 
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I, B, Results and Conclusions (cont.) 


4 . Preliminary Design Results 

The engine design point and system schematic selected for prelimi- 
nary design is shown in I igure 5. 

The engine cycle selected is a mixed expander and turboalternator 
cycle. The expander/turboalternator concept incorporates some of the best 
features of the expander and turboal ternator cycles. The i\ydrogen turbopump 
is driven in the expander mode, and the oxidizer turbopump is driven in the 
turboal ternator mode. This eliminates a large electric motor and reduces the 
size ot the alternator conventionally used for a turboal ternator cycle. The 
lower horsepower oxygen pump is driven by an electric motor. The advantage 
an expander cycle is the elimination of a hot-gas bipropellant seal, with 
only a minor weight penalty for the alternator and electric motor. 

The design point thrust and chamber pressure were selected on the 
basis of the thcnnal and power balance results obtained as well as the vehi- 
cle study inputs provided by NASA/LoRC. It is on the low side of the system 
study recommendat ions but provides a reasonable base point for technology 
ident if ication. 

To meet the engine pressure schedule requirements, hydrogen is 
pumped to a pressure of approximate! y 62. h atm (920 psia) for delivery to the 
thrjst chamber. The hydrogen enters the thrust chamber coolant jacket at an 
arcv ratio of 23:1 and flows forward through a slotted copper chamber to the 
iryector headond. Eighty percent of the hydrogen flow is used to drive the 
LH^’ TPA turbine and alternator assently. The remaining heated hydrogen by- 
passes the turbine assembly and provides the cycle power balance margin and 
thrust control. 

lEie oxygen is pumpi>d to a pressure of approximately 43.5 atm (b40 
I'Sia) and is delivered to the thrust chamber injector in tlie liquid state to 
be mixed and burned with the gaseous Eiydrogen. 

The nozzle extension is radiat ion-cooled from an area ratio of 
23:1 to the exit (• » 400:1). FS-35 columbium with a sil icide coating has 

been tenatively selcctoti as the nozzle extension material because of its high 
temperature capabi 1 i ty. 

The engine preliminary design and resulting characteristics are 
summarized in E igure 6. Parametric weight, envelope, and perfoniiance data 
are shown as a function of nozzle area ratio in Figure 7 for the baseline 
engine concept. 
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Figure 5. Engine Preliminary Design Point and System Schematic 
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Figure 6. Engine Preliminary Design Summary 
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igure 7, 0-/H- Engine Parametric Data Sunmary 



I, B, Results and Conclusions (cont.) 
5. Technology Items 


engine component technology programs should be undertaken to 
reduce the development risk, verify performance, and confirm the power balance 
of the low-thrust engine. The major technology areas are depicted in Figure 
8. Specific items requiring technology are summarized below: 

Demonstrate the performance of high-speed, high-head rise, 
low-flow multistage, centrifugal pumps. 

" Experimentally verify the performance of small, low-flow, 
partial-admission gas turbines. 

° Experimentally evaluate the chamber coolant stability, verify 
the thermal predictions, and investigate thermally enhanced 
high heat flux chambers. 

® Demonstrate high altitude ignition and restart. 

“ Optimize the engine thrust and mixture ratio control system. 

® Experimentally verify high area ratio nozzle performance. 
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Figure 8. Technology Areas Summary 





SECTION II 


INTRODUCTION 


A. BACKGROUND 

A number of studies have forecast the need for large space structures 
such as microwave antennas and reflectors in geosynchronous equatorial orbit 
(GEO). These structures would be launched to low earth orbit (LEO) in a 
stowed condition by using the Space Shuttle and would subsequently be trans- 
ferred to GEO by way of a high-energy space propulsion system. There are two 
options available for placement of these types of payloads in GEO. In the 
first option, the LEO-to-GEO transfer would be accomplished with the payload 
in the stowed condition, followed by manned or automated deployment and 
assently in GEO. Either high or low thrust could be used for the transfer. 

In the second option, manned or automated deployment and assembly would be 
carried out in LEO, followed by a LEO-to-GEO transfer with the payload in the 
assembled condition. Here, low thrust would be required in order to preclude 
high inertia loading which would cause damage to the assembled payload. 

Since the early 1970's, NASA and DoD have sponsored a number of studies 
which examined both vehicles and engine systems suitable for the high-thrust 
option noted above. Considerable effort huS also been conducted on very low- 
thrust solar-electric propulsion systems which have application for missions 
in which extended LEO-to-GEO transfer times are acceptable. Chemical engine 
systems suitable for the low-thrust option have not received in-depth atten- 
tion. It was the purpose of this work to provide the data necessary for 
orbit-transfer-vehicle stuuic:, utilizing low-thrust chemical propulsion. 

B. ENGINE REQUIREMENTS 

Engine requirements for the candidate low-thrust COTV engines used in 
this study are summarized in Table II. 

The engine is planned to be used on a low-thrust orbit transfer vehicle 
and is expendable. To perform the mission, four perigee burns and one apogee 
burn were baselined for this study. The accumulated run time for these burns 
is shown as a function of thrust in Figure 9. 

To conduct this study, currently achievable component performance 
levels and currently available materials were assume{l. 

C. STUDY APPROACH 

The study effort was divided into four technical tasks plus a reporting 
task. In Task I, properties and/or theoretical performance of the subject 
propellants and propellant combinations over the low-thrust range of interest 
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TABLE II. - CANDIDATE LOW-THRUST ENGINE STUDY REQUIREMENTS 


° Thrust, N (LB) 445 to 13345 (100 to 3000) 

° Propellants: 

Oxidizer Oxygen, O 2 

Candidate Fuels Hydrogen, H 2 

Methane, CH 4 
Kerosene, RP-1 

° Engine Mixture Ratio: O 2 /H 2 O 2 /CH 4 O 2 /RP-I 

6.0 3.7 3.0 

° Propellant Inlet Temperatures, °K (“R): 

O 2 H 2 CH 4 RP-1 

90.4 (162.7) 21 (37.8) 112 (201) 298 (537) 

° NPSH at Pump Inlet, M (FT) 

O 2 H 2 CH 4 RP-1 

0.61 (2) 4.57 (15) 1.68 (5.5) 13.7 (45) 

“ Service Life: Five Thermal Cycles Times a Safety Factor of 4 and 

an Accumulated Run Time Per Figure 9. 

" Gimbal Angle: *J° Square Pattern 

” Engine Nozzle; 90° Contoured Bell 

° Mission: Expendable Low-Thrust Orbit Transfer 

^ Meet Orbiter Safety and Environmental Criteria 
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II, Cj btudy Approach (cont.) 


were determined. Task II involved analyses to establish the combined thrust 
level and chamber pressure range over which conventional film-cooled and 
regenerati vely cooled low-thrust chamber designs are feasible. In Task III, 
err'ine system concepts were devised and evaluated over the thrust chamber film 
and regenerative cooiing feasibility range to establish feasible design ranges 
if different from the cooling results. In addition, the effect of advance- 
ments in cooling technology upon the feasible design range was assessed as 
part of Task III. Two sets of parametric data were generated for the viable 
concepts. One set was based upon conventional (i.e. , film and regenerative) 
cooling results; the other upon the advanced cooling predictions. These data 
were used to assist in the selection of a concept and design point for pre- 
liminary design. In Task IV, preliminary design was accomplished on the most 
attractive concept whereupon the parametric data for the selected concept were 
updated to reflect all study results. 



SECTION III 


PROPELLANT PROPERTIES AND PERFORMANCE 


A. OBJECTIVES 


The objectives of this task were to provide propellant and combustion 
gas property data and theoretical performance data for the propellants and 
propellant combinations under consideration in this study. These are listed 
in Table III. 

B. DATA SUMMARY 


The primary sources for the physical and thermal property data for the 
various propellants considered in this study are listed below: 


° Oxygen 

° Hydrogen 

" RP-1 

” Methane 


References 1, 2, 3, 4 
Reference 5 
References 6, 7 
References 8, 9, 10,11 


The propellant p-operties data summary is presented in Table IV. 

The thermodynamic and transport property data for the combustion pro- 
ducts were obtained from the One-Dimensional Equilibrium (ODE) Computer Pro- 
gram with Transport Properties (TRAN 72), described in Reference 12. This 
computer program was obtained from NASA^eRC and includes ODE and frozen spe- 
cific impulse and characteristic velocity data in addition to the extensive 
combustion gas transport property output. The thermodynamic and transport 
property data were tabulated over the mixture ratio and chamber pressure 
ranges shown in Table III and presented in Reference 13. This reference con- 
tains data on the following parameters: 

Characteri Stic exhaust velocity 

Combustion tcmperatu'‘e (gas stagnation temperature) 

Molecular weighL 

Thermal conductivity 

Ratio of specific heats, equilibrium 

Ratio of specific heats, frozen 

Dynamic viscosity 

Specific heat at constant pressure, equilibrium 
Specific heat at constant pressure, frozen 
Dittus-Bolelter factor 
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TABLC III. - PROPELLANTS AND PARAMETRIC RANGES 


Propellants - Og, H 2 , RP-1, CH^ 

’ Propellant Combinations 

O^/RP-l, 02 /CH^ 

Parametric Ranges 

Chamber Pressure: 1.36 to 68 atm [c ' to 1000 psia) 

Area Ratio: 1 to 1000 

Mixture Ratio: 

O 2 /H 2 ; 4 to 7 

02/RP-l: 2.6 to 3.2 

02 /CH^: 3.4 to 4.0 


! 
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Ill, B, Data Summary (cont.) 


Main chamber theoretical performance data were also generated with the 
previously referenced TRAN 72 Computer Program. The ODE perfonnance portion 
of the program is equivalent to the JANNAF One-Dimensional Equilibrium Pro- 
gram. The ODE vacuum specific impulse was calculated over the same chamber 
pressure and mixture ratio ranges as the combustion gas property data. Per- 
formance was obtained for expansion area ratios ranging from 1:1 to 1000:1. 
The data ware plotted for four chamber pressures at 1.36, 6.8, 34.0, and 68.0 
atm (20,100, 500 and 1000 psia). A summary of these data, also presented in 
Reference 13, is given in Table V. 
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TABLE V. - THEORETICAL ODE SPECIFIC IMPULSE DATA SUMMARY 


NOZZLE AREA RATIO = 400 


PROPELLANT 

COMBINATION 

MIXTURE 

RATIO 

CHAMBER 
PRESSURE 
ATM (PSIA) 

ODE 

L ,SEC 

V 

O^/H^ 

6.0 

1.36 (20) 

482.0 

O3/CH4 

3.7 

1.36 (20) 

396.0 

O 2 /RP-I 

3.0 

1.36 (20) 

385.0 

O^/H^ 

6.U 

68.0 (1000) 

485.0 

, >r\} 

4 

3.7 

68.0 (1000) 

404.0 

O^/RP-l 

3.0 

68.0 (1000) 

393.5 
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SECTION IV 


THRUST CHAMBER COOLING ANALYSIS 


A. OBJECTIVES AND GUIDELINES 

The primary objectives of this task were as follows: 

® Determine the combined thrust level and chamber pressure range 
over which low-thrust chamber designs are feasible using conven- 
tional coolipq methods and design criteria. 

" Evaluate advanced cooling concepts and schemes to extend the 
feasible operating regimes. 

® Provide heat transfer and hydraulic parametric data for use in 
engine system analysis and preliminary design efforts. 

It should be noted that the engines considered in this study were 
either regeneratively cooled or film cooled. Combined regen/film cooling, 
transpiration cooling, or trans-regen cooling were not considered in this 
study. 


The guidelines used to conduct the analysis and the criteria used to 
establish the maximum and minimum chamber pressure levels are shown in Tables 
VI and VII respectively. Except where noted, these study guidelines and cri- 
teria were specified by NASA/LeRC in the contract statement of work. They 
were used primarily to assess the capability of each coolant through applica- 
tion of conventional cooling methods and design criteria. Advanced cooling 
scheme evaluations included the following assessments: 1 ) the effect of the 
carbon deposition assumption upon the results; 2) the use of a purified RP-1 
that is similar to JP-5; 3) the use of thermal barriers with O 2 /RP-I and 
O 2 /CH 4 systems; 4) oxygen cooling; and 5) a relaxation of the channel 
dimensional limit criteria. 

Other guidelines were established during the performance of the study. 
These included 1) material recommendations; 2) radiation-cooled nozzle attach- 
ment area ratio criteria; 3) flow stability criteria; and 4) thrust chamber 
geometry definitions. These are discussed briefly herein. 

The materials of construction that were selected by ALRC and the temp- 
erature limits that were used to conduct the coolant analysis are presented in 
Table VIII and Figures 10 through 13. Figure 10 was used in conjuction with 
Figure 9 to establish the radiation-cooled nozzle wall temperature limH at 
the attachment point as a function of thrust. The lower limit tempt. -u>"e 
line of Figure 10 was used to construct Figure 11. The chamber and tube ; undle 
nozzle wall temperature limits set by the cycle life and accumulated run time 
criteria are shown in Figures 12 and 13, respectively. 
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TABLE VI. - COOLING ANALYSIS GUIDELINES 


° 90% Bell Nozzles ( c * 400:1) 

° Coolant Inlet Temperature 
H 2 = 21°K (37.8 “R) 

RP-1 = 298°K (537 °R) 

CH^ = 112°K (201°R) 

Possible benefit of carbon deposition on hot gas-side wall shall be 
neglected for conventionally cooled systems. 

° Coking limit 

RP-1 = 561°K (101 0“R), normal ; 700°K (1260°R)* purified 
CH^ = 978“K (1760°R) 

" Dimensional Limits 


Tubular construction 

Minimum wall thickness = .0254 cm (.010 in.) 


Nontubular construction 

Minimum slot width = 
Maximum slot depth/width= 
Minimum web thickness = 
Minimum wall thickness = 
Minimum channel depth = 


.0762 cm ( .03 in. ) 

4 to 1 

,0762 cm (.03 in.) 
.0635 cm (.025 in.) 
.0889 cm (.035 in.)* 


Service Life 

Five thermal cycles times a safety factor of four. 
Engine run time as shown by Figure 9. 
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*ALRC recommendation 


TABLE VII. - COOLANT EVALUATION CRITERIA 


MAXIMUM Pc CRITERIA: 


° Reqeneratively Cooled Cases 

1. Maximum Velocity of Gaseous Coolant Equal to Mach 0.3. 

2. Maximum Velocity of Liquid Coolant Equal to 61 m/sec 
(200 feet/second) 

3. RP-1 or CH4 Coolant -Side Wall Temperature Equal to Their 
Respective Coking Temperature. 


Film«Cooled Cases 

Coolant weight flow is at a magnitude which degrades 
specific impulse by 1055 when compared to an uncooled 
case. 


MINIMUM Pc CRITERIA: 


Reqeneratively Cooled Cases 

1. Coolant state at the jacket discharge must be single phase. 

2. Coolant flow through the jacket must be stable. 


' Film-Cooled Cases 


Coolant weight flow is at a magnitude which degrades specific 
impulse by 3* when compared to an uncooled case. 
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TABLE VIII. - MATERIAL RECOMMENDATIONS 


Regen Chambers (all Propellants) 

° Zirconium Copper, aged at 867'’K (1100°F) 

° Electroformed Nickel Closeout 

Film-Cooled Chambers 

" H 2 Coolant: Haynes 188; Temp. Limit = 

1256°K (1800°F) based upon strength degradation. 

° CH 4 and RP -1 Coolants; FS-85 with a Silicide Coating; 
Temp. Limit = 1583 to 1939°K (2390 to 3030°F) 
depending upon coating life and thrust level*. 

Tube Bundle Nozzle 

° Nitronic 40 (21-6-9) 

Radiation-Cooled Nozzle 

° FS-85 Columbium with R512 Silicide Coating (see Figure 10 
for Temperature Limit) 


*Same as radiation-cooled nozzle extension 
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Figure 10. R512 Silicide Coating Oxidation Protection in Hours 



Figure 11. Wall Temperatures for Radiation-Cooled Nozzle Attachment Point 




BACKSIDE 








Figure 13. Hot-Gas W- 11 lemperatore vs Backside Wall Temperature for 
Nitronic '21-6-9) Tubes 


IV, A, Objectives and Guidelines (cont.) 


The approximate analytical criterion of Friedly et al., (References 14 
and 15) was used as the basis for the prediction of coolant flow oscillations. 
This criterion represents an extension of Zuber's analysis (Reference 16) to 
include the dynamics of the heat transfer from the wall. Thurston (References 
17 and 18) has shown that Zuber's model is in excellent qualicative agreement 
with empirical data for the onset of flow instability. The approximate 
criterion of Friedly, et al. (References 14 and 15) has been shown to be in 
reasonable quantitative agreement with oxygen and hydrogen data. Both 
criteria (i.e. , Zuber's and Friedly's, et al.) can be written in the form of 
Rogers' empirical correlation (Reference 19) which Thurston (Reference 18) has 
shown to be in agreement with hydrc^en, nitrogen, and oxygen data. However, 
both analyses indicate a dependence on additional system parameters not 
included in the simple empirical correlation. In addition, the 
Rogers-Thurston criteria requires the use of pseudo two-phase properties which 
have not been developed for methane. For these reasons, and to provide a 
better basis for including the effects of axial variationsHn cooling jacket 
parameters, the analytical model of Friedly, et al was used in preference to 
the Rogers-Thurston empirical correlation. 

Chamber geometry definitions consisted primarily of establishing length 
and constructior. ratio scaling equations for the parametric cooling analysis. 
Short chamber lengths alleviate the cooling problem but may not meet perform- 
ance criteria (i.e., 98% energy release efficiency). Minimum chamber lengths 
were established for both state-of-the-art and advanced chamber/ inject or 
designs. The conventional state-of-the-art scaling is based upon the Inte- 
grated Thruster Assembly (ITA) design (Reference 20) as follows: 

Minimum Chamber Lengths (L') for Conventional Designs: 

° O2/H2 aiKl O2/CH4 based upon scaling ITA design 

L' (cm) = 6.35 x/23.1/Pc +9.9 (Pc in atm) 

L' (in.) = 2.50 x/540/Pc + 3.9 (Pc in psia) 

° O2/RP-I based upon vaporization limited performance calcula- 
1 10ns 

L' (cm) = 6.68 x/20.4/Pc + 30.5 (Pc in atm) 

L' (in.) “ 2.63 x>/3007f*c + 12.0 (Pc in psia) 

° Contract ^on Ratio: 

3.3:1 for both regen and film cooling based upon ITA 
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IV, A, Objectives and Guidelines (cont.) 


For the advanced cooling evaluations, the contraction ratio was fixed 
at 3.3:1, but the minimum chamber lengths were reduced. The reduction was 
based upon an analysis of historical thrust chamber length data, correlated as 
a function of thrust and pressure for each propellant combination. The corre- 
lation was derived to fit the lower boundary of the historical data as this 
correlation is felt to be more representative of recent or advanced 
technology. The advanced technology chamber length (L') correlations are: 




L‘ 

Advanced Design 


Propellants 

Units(l) 


Correlation 


O 2 /RP-I 

cm 

L' 

= 5.50 X (F/Pc)0-23 



i n. 

L' 

= 5.66 X (F/Pc)0-23 


O 2 /CH 4 

an 

L' 

= 4.22 X (F/Pc)0*23 



in. 

L' 

= 4.35 X (F/Pc)®*23 


O 2 /H? 

cm 

L’ 

= 3.24 X (F/Pc)0‘23 



in. 

L‘ 

= 3.34 X (F/Pc)0*23 

When L' 

is in cm, F is 

in newtons and Pc 

is in 

atmospheres. 

When L' 

is in inches, F 

is in IbF and Pc 

is in 

psia. 

REGENERATIVE COOLING 

ANALYSIS 



1 . 

RP-1 Regenerative Cooling 




Standard RP-1 was evaluated initially as a regenerative coolant by 
applying conventional guidelines and design criteria. The coolant jacket 
designs analyzed were cooled in two passes from the injector end to an area 
ratio of 6:1 and back to the injector. The results obtained showed that cool- 
ing with RP-1 was not feasible because the RP-1 bulk temperature exceeds the 
study coking temperature limit of 561®K (1010®R) for standard RP-1. As shown 
by Figure 14, results were obtained over the entire thrust and chamber pres- 
sure ranges of interest. The figure also shows that even with purified RP-1 
(i.e. , a coking temperature limit of 700"K (1260®R)), the feasible operating 
regime would be limited to high thrust and low chamber pressure operation. 

Because of the results obtained in the initial evaluations, it 
became necessary to investigate the incorporation of design features that 
would mil. .nize the enthalphy rise of the RP-1 coolant. As a result, a thermal 
barrier was included in the chamber barrel section, shorter chamber lengths 
(L‘) were used, and benefits from gas-side carbon deposition were considered. 
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Figure 14, RP-1 Conventional Regenerative Cooling Results 



IV, B, Regenerative Cooling Analysis (cont.) 


The thickness of the thermal liner was assumed to be 0.1 times the 
chamber radius, and the thermal conductivity was assumed to be equivalent to a 
graphite at 39.8 watts/m°K (23 BTU/hr-ft-°F). The advanced design chamber 
length equation was assumed, and the carbon deposition correlation reported in 
Reference 21 was used. 

When all three of the new features were incorporated, the entire 
thrust and chamber pressure operating map appeared to be feasible with an RP-1 
coking temperature limit of 700°K (1260“R). Only the very low thrust and 
chamber pressure region resulted in coolant outlet bulk temperatures exceeding 
the naiiinal coking limit of 561°K (1010°R) for "standard" RP-1. The carbon 
layer was the major factor that influenced these results. A comparison of the 
coolant bulk outlet temperatures with and without the carbon layer is shown in 
Figure 15. This figure shows that the coolant bulk temperature is increased 
significantly without the carbon layer but that a reasonable operating range 
appears to be feasible from the standpoint of the coolant enthalpy rise. 
Coolant bulk outlet temperatures of 700°K (1260®R) or less result at thrusts 
of 1334 N (300 lb) or greater. A coking limit of 561°K (1010°R) excludes 
operation at thrust below 4448 N (100 lb) and at chamber pressures above 6.8 
atm (100 psia). 

Recent experimental findings do not support the carbon deposition 
correlations found in the literature. Tests were conducted under Contract NAS 
3-21030 to detcnmine the combustion and heat transfer characteristics of 
LOX/RP-1 propellants in the 68 to 136 atm (1000 to 2000 psia) chamber pressure 
range. Although the calorimeter chamber used in these tests was blackened by 
the testing, the heat transfer data, combined with the very light to 
nonexistent sooting near the injector, gave no indication of the existence of 
a soot thermal barrier (Ref. 22). 

Because of uncertainties in the experimental data base and the 
considerations of clean engine starts and carbon layer spalling, it was con- 
sidered prudent not to base the design studies on the dependence of a carbon 
layer. Any benefit from the carbon deposit would provide a further design 
safety margin. It is believed that further technology effort is required in 
this area before a high-confidence design that depends upon the carbon layer 
buildup can be recommended. 

Using a combination of a thermal barrier (e.g. , graphite) and a 
minimum chamber length design (i.e., highly efficient injection and combus- 
tio'",), feasible designs were calculated for RP-1 as the coolant over the 
boundary shown in Figure 16. The feasibility boundary runs from F * 13345 N 
(3000 IbF), Pc = 47.6 atm (700 psia) to F = 1344N (300 IbF), Pc = 1.36 atm (20 
psia). Intercooling (i.e., to cool down RP-1 after the first coolant pass) is 
necessary to achieve the high thrust and chamber pressure corner of the feasi- 
bil i ty map. 
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CONCEPT: SHORT CHAMBER WITH GRAPHITE THERMAL LINER 
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Figure 16. RP-1 Advanced Regenerative Cooling Results 




IV, B, Regenerative Cooling Analysis (cont.) 


2, Oxygen Regenerative Cooling 

A cursory analysis to assess the feasibility of oxygen cooling for 
the O 2 /RP-I engines was also performed by using a graphite liner and short 
L' chambers. A feasible design was accomplished only when a carbon layer was 
assumed. A number of attempts to design for a thrust of 13345 N (3000 lb) at 
chamber pressures of 61 atm (900 psia) and 30.6 atm (450 psia) were made by 
applying conventional channel design criteria and assuming no carbon layer. 
Pressure drops were excessive in all cases. The convergent section of the 
nozzle was invariably the point of computational failure, suggesting that 
optimizat ic:i of the barrel-nozzle radius of curvature effects on the coolant- 
side coefficient or consideration of unique channel concepts might result in 
feasible designs. However, further investigations in this area were beyond 
the scope of this study. 

3. Methane Regenerative Cooling 

During the initial phases of this study, a review of available 
design correlations indicated that the ALRC correlation for oxyge 1 at super- 
critical pressure (Reference 23) was most applicable for use with super- 
critical methane. This correlation was used to conduct the thermal analysis 
of methane as a regenerative coolant in the conventional designs. After this 
initial work was completed, a heated tube study of the heat transfer charac- 
teristics of propane at supercritical pressures was performed on Contract NAS 
9-15958 by ALRC. The resultant correlation is reported in Reference 24. 

An analysis was conducted to determine if the use of the propane 
correlation would result in significant differences in the study results. As 
shown below, the results were comparable, indicating only a small AP reduc- 
tion. 


Thrust, N (IbF) 

Chamber Pressure, atm (psia) 
Channel AP, atm (psia) 

Max. Mach No. 

Min. Channel Depth, cm (in.) 


Oxygen 

Correlation 

13345 (3000) 

68 ( 1000 ) 

5 (72.8) 

0.20 

0.196 (0.077) 


Propane 

Correlation 

13345 (3000) 

68 (1000) 
4.6 (67.4) 

0.19 

0.198 (0.078) 


Because methane and propane are the two lowest molecular weight 
members of the saturated aliphatic homologous series, it was decided that the 
propane correlation would be more applicable to methane than the oxygen cor- 
relation used in the initial work. Therefore, all further thermal analyses 
with methane in the advanced cooling concept study were performed by using the 
propane correlation. 




41 


IV, B, Regenerative Cooling Analysis (cont.) 


The initial studies of methane (CH4) as a regenerative coolant 
were conducted by applying conventional guidelines and design criteria. 
Chambers were cooled in two passes, with the coolant flowing from the injector 
to the radiation-cooled nozzle attachment point and back to the injector. The 
cases analyzed and the limiting criteria are presented in Figure 17. Opera- 
tion is limited to a high thrust, high chamber pressure region primarily due 
to the Mach number criteria. Feasible designs could not be obtained with 
CH4 below its critical pressure of 45.4 atm (667 psia). Therefore, further 
work was conducted by always keeping the coolant jacket outlet pressure above 
the critical pressure of CH4. This, of course, places the burden upon the 
engine pumping system and rules out regenerati vely cooled pressure-fed engine 
options because tank weights get too heavy. For all cases, the methane 
coolant bulk outlet temperature never exceeded the coking limit of 978°K 
(1760°R) and thus is not a concern as it was for RP-1. 

Further analyses using methane as a regenerative coolant were con- 
ducted to determine if the feasible design range could be enlarged. Emphasis 
was placed upon an evaluation of lower thrust levels than were obtained with 
the conventional schemes. Thermal barriers and shorter chambers were incor- 
porated into the designs, but carbon deposition was not because of the RP-1 
thermal results. A propellant intercooler was included as necessary to obtain 
a solution. Intercooling consisted of reducing the coolant bulk temperature 
to its initial value before the return pass in the two-pass cooling scheme. 

The results are summarized in Table IX. 

The results of the initial analysis at 4448 N (1000 IbF) and 47.6 
atm (700 psia) are included on the table for comparison. This point was pre- 
viously detennined to be Mach number limited. For the new design, the Mach 
number slightly exceeds the desinn criterion of 0.3, but the channel pressure 
drop is satisfactory and the niinimuiii channel depth is well above the desired 
conventional fabrication minimum of 0.089 cm (0.035 in.). A thrust of 2669 N 
(600 IbF) and 68 atm (1000 psia) chamber pressure resulted in an excessive 
Mach number and pressure drop. When an intercooler is used at this paint, 
only the channel depth fails to meet the conventional criteria. 

Based upon these results, it was estimated that the lower thrust 
limit previously determined could be decreased to 355 N (800 lb). The esti- 
mated feasible operating regimes for both the conventional and advanced cool- 
ing schemes are presented in Figure 18. 

4. Hydrogen Regenerative Cooling 

The coolant-side heat transfer correlation used for hydrogen was 
that formulated by Hess and Kunz (Reference 25). While this correlation was 
developed for hydrogen at supercritical pressures, it also gives good results 
at subcritical pressures at high degrees of superheat. The coolant circuits 
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Figure 17. CH- Regen Cooling Matrix, Conventional Designs 
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(2) Impractical Design: last data point calculated; computer convergence failure at 
I- = -1.07 on second pass 



ASSUMPTIONS: 

(1) NO BENEFIT FROM CARBON DEPOSITION 

(2) THERMAL BARRIER USED FOR ADVANCED COOLING 
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Figure 18. CH. Regenerative Cooling Results 



IV, B, Regenerative Cooling Analysis (cont.) 


analyzed were primarily single pass, with the hydrogen flowing from the 
radiation-cooled nozzle attachment point to the injector. A few two-pass 
cases were investigated in an attempt to obtain a design solution. 

The heat transfer studies considered both conventional long L’ 
chambers and short chambers. The long chambers are desirable for engine 
cycles which use heated hydrogen as a turbine drive fluid because the hydrogen 
bulk outlet temperature increases with chamber length. However, the long 
chambers reach the cooling limits more quickly than the short L' chambers. 
Hence, short chambers result in a larger feasible cooling regime. Thermal 
liners were not included in these analyses as they would penalize the engine 
power balance. 

The cases that were analyzed by using the conventional chamber L* 
equation are shuwn in Figure 19, along with the limiting conventional design 
criteria. A summary of the thermal results is presented in Table X. The 
table and figure show that conventional channel Mach number and channel depth 
limits constrain operation at low thrust-high Pc and high thrust-low Pc com- 
binations. The feasible cooling map with hydrogen covers both the super- 
critical and subcritical pressure regimes. The critical pressure of hydrogen 
is 12,8 atm (188 psia), and the coolant jacket exit pressure was always held 
above this value to obtain practical design solutions. This penalizes 
pressure-fed systems with regenerati vely cooled engines because high hydrogen 
tank pressures would be required. Data also show that relaxing the channel 
depth criteria results in enlarging the feasible operating regime. Based upon 
these results, the feasible hydrogen regenerative cooling map as shown in 
Figure 20 was established. 

C. FILM COOLING ANALYSIS 

Both gas and liquid film cooling models were used to perform the design 
analysis of thin-walled chambers with adiabatic external surfaces. The gas 
film cooling model was developed during contractual work performed in the past 
by ALRC for NASA/LeRC. (References 26, 27, and 28). The liquid model is 
similar to the gas model downstream of a liquid film. Effects of boundary 
layer shear forces on the liquid film are based upon Reference 29. 

Figure 21 shows the results of the film cooling studies to establish 
the upper chamber pressure limit, based upon a 10% performance degradation, 
for the three fuels. This performance degradation is based upon a performance 
comparison with an engine requiring no film cooling. 

Hydrogen and RP-1 cannot be used as film coolants at thrusts below 
about 4448 N (1000 IbF), and their chamber pressure ranges are very limited. 
Hydrogen is penalized by the low wall temperature, 125b®K (1800“F) obtainable 
with compatible materials, and RP-1 is penalized by the long chamber lengths 
required to achieve a minimum study-specified energy release efficiency of 
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TABLE X. - HYDROGEN REGENERATIVE COOLING THERMAL DATA SUMMARY 

NOTE: Conventional L' Equation Except Where Noted 




CHAMBEH 

CHANNEL 

THRUST 

PRESSURE 

AP 

N (LBF) 

ATM (PSIA) 

ATM (PSD 

13345 

(3000) 

68 

(1000) 

1.42 

(20.9) 



47.6 

(700) 

0.71 

(10.5) 



27.2 

(400) 

0.60 

(8.8) 



7.8 

(115) 

0.95 

(14.0) 



5.1 

(75) 

1.20 

(17.6) 



i.36 

(20) 

1.36 

(20.0) 

4448 

(1000) 

68 

(1000) 

5.77 

(84.8) 



47.6 

(700) 

1.77 

(26.0) 



27.2 

(4UO) 

0.31 

(4.6) 



68 

(1000)^^^ 

14.8 

(218) 



7.8 

(115) 

0.27 

(3.9) 



5.1 

(75) 

0.33 

(4.8) 



1.36 

(20) 

0.60 

(8.8) 

1334 

(300) 

68 

(1000) 





47.6 

(700) 

10.5 

(154.3) 



27.2 

(400) 

1.61 

(23.7) 



7.8 

(115) 

0.10 

(1.4) 



5.1 

(75) 

0.11 

(1.6) 



1.36 

(20) 

0.15 

(2.2) 

778 

(175) 

7.8 

(115) 

0.38 

(5.6) 



5.1 

(75) 

C.IO 

(1.4) 



1.36 

(20) 

0.11 

(1.6) 

445 

(100) 

68 

(1000) 


* 



47.6 

(700) 


* 



27.2 

(400) 


* 



7.8 

(115) 

5.55 

(81.6) 



5.1 

iJ') 

1.58 

(23.2) 



1.36 

(20) 

0.07 

(1.1) 


COOLANT MI".. CHANNEL 


OUTLET TEMP. 


DEPTH (1 


°K 

(»R) 

MACH NO. 

_^M_ 

(IN.) 

172 

(310) 

.09 

0.211 

(.083) 

158 

(285) 

.10 

0.330 

(.130) 

137 

(246) 

.10 

0.330 

(.130) 

124 

(223) 

.29 

0.330 

(.130) 

122 

(219) 

.37 

0.3.30 

(.130) 

121 

(218) 

.57 

0.330 

(.130) 

279 

(503) 

.18 

0.075 

(.031) 

234 

(421) 

.11 

0.104 

(.041) 

1«9 

(340) 

.05 

0.173 

(.068) 

441 

(794) 

.25 

0.122 

(0.48) 

189 

(341) 

.16 

0.33j 

(.130) 

186 

(334) 

.21 

0.330 

(.130) 

182 

(328) 

.45 

0.330 

(.130) 


* 

• 

* 


431 

(775) 

.73 

0.053 

(.021) (2-PASS) 

375 

(675) 

.27 

0.099 

(.039) (2-PAS5) 

341 

(613) 

.09 

0.330 

(.130) 

329 

(592) 

.12 

0.330 

(.130) 

313 

(567) 

.21 

0.330 

(.130) 

45^ 

(821) 

.07 

0.710 

(.028) 

439 

(790' 

.09 

0..'30 

(.130) 

416 

(748) 

.19 

0.330 

(.130) 


* 

* 

* 



* 

• 




W 

• 

* 


621 

(1117) 

.68 

0.051 

(.020) 

596 

(1072) 

.46 

0.089 

(.035) 

559 

(1006) 

.17 

0.330 

(.130) 


^Design Solution Not Achieved 

(1) L' Increased From 13.7 cm (5.4 In.) to 23.6 cm (9.3 In.) 
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IV, C, Film Cooling Analysis (cont.) 


98%. RP-1 film-cooled engines were dropped from further study because of the 
small operating range. Lower-limit chamber pressures corresponding to a 3% 
performance degradation were found to be approximately at or below the speci- 
fied minimum chamber pressure of 1.36 atm (20 psia). 

The feasibility of methane film cooling is highly dependent upon the 
kinetics of the methane decomposition. This analysis was beyond the scope of 
the current effort, but the sensitivity of the results to the chemistry model 
assumption was assessed. If methane decomposes as assumed in Figure 21, it 
provides the largest operating range. However, assuming no CH4 decomposi- 
tion and, thus, no coolant reaction with the entrained core gases, the coolant 
requirement exceeds 50% of the fuel and the performance loss exceeds 20%. 

With the complete decom, osition assumption, the required coolant flow is about 
33% of the fuel flow and the performance loss is 10%. Because of this uncer- 
tainty, CH4 film-cooled engines were not analyzed further in the study. Data 
are required to verify the models. 

0. COOLING ANALYSES CONCLUSIONS AND RECOMMENDATIONS 

Based upon the results presented herein, the following conclusions were 
reached: 

® Viable concepts with conventional cooling methods; 

° O2/H2, H2 Regen-Cooled 

“ O2/H2, H2 Film-Cooled 

® O2/CH4, CH4 Regen-Cooled 

“ Advanced coolant schemes and concepts are required for O2/RP-I, 
RP-1 cooled engines. 

® CH4 coolant jacket outlet pressure must be held above critical. 

® LOX cooling of O2/RP-I engine is impractical in a conventional 

chamber design. 

® Carbon deposition assumption creates a major impact on *^he study 
results. 

° ^^2 cooled engines have the largest thrust and Pc 

cooling feasibility ranges. 

" RP-1 film cooling thrust and Pc feasibility range is very small. 

® CH4 film cooling thrust and Pc feasibility range is dep<‘''dent 
upon decomposition assumption. 
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IV, 0, Cooling Analyses Conclusions and Recommendations (cont.) 

In addition, the following decisions and recommendations were made for 
continuing the study in the conceptual design and parametric phase. 

* RP-1 and film-cooled concepts were dropped from further study. 

^ Pressure-fed CH4 regen-cooled concepts are impractical. 

" Concepts requiring further conceptual study are; 


Propel lant 
Combination 

Cool i ng 
Method 

Cool art 

Cool i ng 
Scheme 

O2/RP-I 

Regen 

RP-1 

Advanced 

O2/H2 

Regen 

H2 

Conventional 
and advanced 

O2/H2 

Film 

H2 

Conventional 

O2/CH4 

Regen 

CH4 

Conventional 
and advanced 
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SECTION V 

ENGINE SYSTEM CONCEPTUAL DESIGN AND PARAMETRIC ANALYSES 


A. OBJECTIVES AND GUIDELINES 

The objectives of this phase of the study were: 

° Assess the feasibility of various design approaches defined in 
Section V, B. 

® Establish feasible design ranges if different fran the cooling 
results. 

" Prepare parametric performance, weight, and envelope data for the 
applicable concepts over the feasible design ranges. 

° Determine advantages and disadvantages of concepts. 

® Assess technology requirements. 

The parametric data were generated over the entire study thrust and 
chamber pressure ranges, but the feasible cooling and/or cycle power balance 
limits were superimposed on the figures displaying the data. 

All analyses were conducted at the nominal propellant mixture ratios 
and a nozzle area ratio of 400:1. 

The conceptual design analysis was conducted using guidelines both spe- 
cified by the contract and established during the course of this study. These 
guidelines are summarized in Table XI. 

B. PROPULSION SYSTEM CANDIDATES 

The propulsion system candidates were screened to identify those most 
promising for the COTV application. Seven concepts were evaluator two 
pressure- fed and five pump- fed. These concepts are described briefly herein. 

The pressure- fed system concepts evaluated are shown in Figures 22 and 
23. 


The conventional pres sure- fed system concept is shown in Figure 22. In 
this concept, the engine run tanks are pressurized to the required pressure 
levels by a regulated helium source. The concept is applicable with both 
regeneratively and film-cooled engines. A parallel pressurized tank concept 
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TABLE XI. - ENGINE SYSTEM STUDY GUIDELINES 

» 

Pressure Drop Criteria 
Injectors: 

Liquid^^^ - 15% of Upstream Pressure 

Gas^^^ - 8% of Upstream Pressure 

° Valves 

® Liquid Control^^^ 

' Gas Control 
" Shutoff^^^ 

Check Valve^^^ 

° Orifice^^^ 

Pulsation Oamper^^^ 

Liquid Regulator'*"' 


CH^ RP-1 

l.S X 10® 1.8 X 10® 

Minimum NPSh/^^ m(ft) 4.57 (15.0) 0.’6 (2;0) 1.68 (5.5) 1.37 (45.0) 

Maximum Suctionj 2 ) 

Specific Speed/ 

(rpm)(m3/sec)l/2/(m)3/4 

[(rpm) (gpm)V2(ft)V4] [40,000] [30,000] [32,000] [26,000] 

(NPSH) (2g)/Cj^^ 1.3 2.3 2.08 3.0 

^Specified by the Contract State?nent Of Work 
^^^ALRC Derived Guideline 


(21 

Minimum Bearing Diameter' lOrm 

LH^ LO^ 

Maximum Bearing DN, ^ 

(RPM) (rm) 2 x 10® 1.5 x in' 


5% of Upstream Pressure 
10% of Upstream Pressure 
1% of Upstream Pressure 
2% of Upstream Pressure 
1% of Upstream Pressure 
2% of Upstream Pressure 
5% of Downstream Pressure 
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t»<] SHUT-OFF VALVE 
[~n BALANCE ORIFICE 



Figure 22. Conventional Pressure-Fed Concept 


/ 
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Figure 23. Parallel Accumulator Concept 






V, B, Propulsion System Candidates (cont.) 


is shown in Fig. 23. In this concept, both the fuel and oxygen are stored in 
low-pressure main propellant tanks. Two small parallel accumulators in each 
propellant feed system are located downstream of these main propellant tanks. 
These accumulators are alternately filled from the main propellant tank and 
pressurized to provide the engine propel Ian . supply. When the propellant is 
expelled, the tank is vented and then refilled from the main tank. While one 
tank is being filled, the engine runs off the parallel tank. The advantage of 
this system over the basic pressure-fed concept is a reduction in the high 
pressure tankage weight. The accumulators are sized to provide the apogee 
burn. Again, the engine can be either regen or film-cooled. 

Figure 24 shows a pump-fed concept in which the pumps are driven by 
electric motors with fuel cells as the power source. Analysis has indicated 
that the weight of batteries is prohibitive. Of course, in comparison to gas 
turbine-driven pumping systems, the weight of the fuel cells and electric 
motors is also a concept disadvantage. The concept schematic shown has a pul- 
sation damper (very small accumulator) downstream of the pumps. This compon- 
ent would have been required if positive displacement pumps had been selected 
in component screening analysis. However, the results obtained under Contract 
NAS 3-21960, Low-Thrust Chemical Propulsion System Pump Technology, for 
NASA/LeRC showed that centrifugal pumps were the best choice. Therefore, the 
pulsation dampers were eliminated in the final system evaluations. 

Figure 25 shows a pump-fed concept with an electric motor drive using a 
turboalternator as the power source. This concept has potential application 
with heated hydrogen or methane as the turbine drive fluid. A small amount of 
the heated fuel bypasses the turbine. This bypass flow provides the power 
control. Cycle power balances were performed to determine if the maximum 
operating chamber pressure of this system differs from the cooling limits. 

This is discussed in the next section. This concept is relatively light- 
weight, provided that the horsepower of the pumps is low enough to keep the 
weight of the electrical components down. 

An expander cycle pump-fed concept is shown in Figure 26. This concept 
is also applicable with heated hydrogen or methane as the drive fluid for the 
turbines. A series turbine cycle arrangement was selected because the full- 
flow oxy^n turbine is much more efficient than the extremely low-flow oxygen 
turbine in a parallel arrangement. The fuel turbine bypass valve shown on the 
figure is used to provide mixture ratio control, whereas the valve bypassing 
flow around both turbines is for power control. In addition to proving the 
lightest-weight pump-fed system, this is also the simplest because it does not 
require any additional components. 
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Figure 25. Turboalternator Concept 
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Figure 26. Expander Cycle Concept Figure 26a. Expander/Turboaltemator Concepts 


V, B, Propulsion System Candidates (cont.) 


A mixed expander/turboalternator concept is shoMn in Figure 26a. This 
concept incorporates some of the best features of the expander and turbo- 
alternator cycles. The hydrogen turbopump is driven in the expander mode 
which eliminates the electric motor required for the turboalternator cycle. 

The lower horsepower oxygen pump is driven by an electric motor with the 
advantage over an expander cycle being the elimination of a hot gas 
bipropellant seal. The potential disadvantage Is the weight of the electrical 
components. 

Figure 27 shows a pump-filled feed tank concept. In this concept, the 
engine run tanks are filled by pumps from the low-pressure main vessels during 
mission coast periods. The possible advantage of this concept is that the 
pump flows can be much higher than the engine flows; this may provide a more 
suitable operating regime for the pumps (i.e. , the pump design is not 
restricted by th** engine thrust level). The disadvantage would be the addi- 
tional weight of the high-pressure accumulators. A regulator is shown down- 
stream of the engine run tanks to maintain constant engine pressures. Without 
this regulator, the chamber pressure and engine thrust would decay as the pro- 
pellant is expelled. This system is applicable with both regeneratively or 
film-cooled engines. 

C. SYSTEM EVALUATIONS AND PARAMETRIC DATA SUMMARY 

1. O 2 /RP-I System Evaluations 


Based u|H)n the cooling analyses results, only the regeneratively 
cooled concepts were analyzed for the O 2 /RP-I systems. Two pressure- fed and 
two pump-fed engine concepts are applicable with O 2 /RP-I. They are: 

® Conventional Pressure-Fed 

® Parallel Accumulator 

® Auxiliary Power Source 

® Pump-Filled Feed Tank 

Engine performance and envelope data applicable for all concepts 
although specific operating points may vary (i.e., pressure-fed concepts 
applicable in the 1.36 to 13.6 atm (20 to 200 psia) range and pump-fed sys- 
tems more applicable to chamber pressures greater than 6.8 atm (100 psia). The 
parametric performance and envelope data at an area ratio of 400:1 are shown 
in Figures 28 and 29, respectively. As can be seen, the very low-pressure 
engines are extremely large and have low performance levels. Performance 
numbers above and to the left of the cooling limit line represent impractical 
engine designs. Similarly, the impractical systems are below and to the left 
of the cooling limit on the envelope plot. 
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Figure 27. Pump- Fi 1 1 ed Feed System Tank Concept 
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Figure 28. Delivered I For All 0«/RP-l Regen-Cooled Concepts 
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Figure 29. O^/RP-l Engine Envelope Data For All Concepts 



V, C, System Evaluations and Parametric Data Summary (cont.) 


The relative weights of the various concepts are compared at a 
thrust chamber pressure of 10.2 atm (150 psia) on Figure 30. The relative 
weights include the weights of the tanks, accumulators, pressurization system, 
and the engine and electrical components. The data show that pump-fed systems 
are lighter than pressure- fed concepts. This occurs because the weight of the 
fuel cells, pumps, and electrical components are lighter than the additional 
tank and pressurization system weights of the pressure-fed system. The auxil- 
iary power source concept is the best O 2 /RP-I candidate. Parametric weight 
data for this concept is shown in Figure 31. The weight of the engine 
includes all electrical components. The additional fuel cell weight require- 
ments that can be charged to the engine system are also shown on the figure. 
The auxiliary power source concept results in the highest performance, 
smallest engine envelope, and lightest system weight with O 2 /RP-I 
propel lants. 


2. O 2 /CH 4 System Evaluations 

Only regeneratively cooled engine concepts were determined to be 
practical. In addition, the high critical pressure of CH 4 ruled out 
pressure-feo systems. Three pump-fed systems were evaluated with O 2 /CH 4 . 

They are: 


® Auxiliary Power Source 
° Turboalternator 
° Expander 

Engine cycle power balance calculations were performed for the 
turboalternator and expander cycles to determine if the feasible design ranges 
were limited further by the power considerations. Pump discharge pressure 
requirements as a function of chamber pressure are summarized in Figure 32. 

The maximum pressure obtainable is approximately 47.6 atm (700 psia), and good 
design practice would dictate the selection of a chamber pressure in the 34 to 
37.4 atm (500 to 550 psia) range to avoid large system sensitivities to minor 
component variations. The power balance upper limit was combined with the 
cooling limits, as shown in Figure 33. The auxiliary power source concept 
could operate over the total feasible cooling ranges and is applicable with 
the short chamber L' because it does not depend upon the heat input into the 
CH 4 to derive cycle power. 

Delivered performance and engine envelope data at an area ratio of 
400.1 for all three O 2 /CH 4 concepts are shown in Figures 34 and 35, 
respectively. At the same low thrust design point, the delivered performance 
of the O 2 /CH 4 engine is much greater than that of the O 2 /RP-I engine; 
also, the envelope is much smaller because a higher operating chamber pressure 
is feasible with O 2 /CH 4 . For example: 
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TOTAL SYSTEM WEIGHT, Kg 
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Figure 30. O^/RP-l Propulsion System Weight Data 
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THRUST, K' 

Figure 33. 02 /CH^ Regen-Cooled Engine Operating Limits 
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THRUST, KN 

Figure 34. Delivered For All 02 /CH^ Regen-Cooled Concepts 








V, C, System Evaluations and Parametric Data Summary (cont.) 


Propellant Thrust 

Combination KN (lb) 


Chamber 
Pressure 
atm, psia 


Del i vered 
Is, 
sec 


Engine 
Length, 
cm (in.) 


O 2 /RP-I 4.45(1000) 10.2(150) 335 

O 2 /CH 4 4.45(1000) 27.2(400) 369 


218(86) 

132(52) 


The weight of the basic engine (including the additional compon- 
ents attributable to the engine) is shown in Figure 36 at a thrust level of 
4448 N (1000 IbF). Weight comparisons of O 2 /CH 4 regen-cooled engine con- 
cepts in the figure show that an expander cycle results in the lowest engine 
weight because it has the fewest components. The weight of the expander cycle 
decreases with increasing pressure because the physical size of the engine 
decreases. The electrical components and fuel cell weights become the 
dominant factors at chamber pressures above 20.4 and 13.6 atm (300 and 200 
psia) for the turboalternatnr and auxiliary power source concepts, respec- 
tively. Below these pressures, the engine weight is dominated by the large 
400:1 nozzle. 


3. O 2 /H 2 System Evaluations 


Both regeneratively cooled and film-cooled concepts were evaluated 
in the system analysis. Parametric data were established for the following 
cases: 


Concept 

Conventional Pressure-Fed 
Parallel Accumulator 
Auxiliary Power Source 
Turboalternator 
Expander 

Pump-Filled Feed Tank 

Mixed Expander/Turboalternator 


Cooling Scheme 

Film and Regen 

Film and Regen 

Film and Regen 

Regen 

Regen 

Regen 

Regen 


The parametric data which were submitted to NASA/LeRC as part of 
an informal data dump are summarized in this section. 


Engine cycle power balance calculations were performed to estab- 
lish the power limits for the expander and turboalternator cycles. The 
results of the power balance calculations are summarized in Figure 37 and com- 
bined with the cooling limits in Figure 38. Again, the power limit is the 
maximum upper value, and design points at aoout 34 atm (500 psia) chamber 
pressure are recommended to achieve reasonable power balance margins. The 
O 2 /H 2 film-cooled engine operating regime analyzed was established by the 
cooling analysis and presented as Figure 39. 
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Figure 36. 0»/CH. Regen-Cooled Engine Concept Weight Comparisons 
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Figure 38, 0-/H- Regen- Cooled Engine Operating Limits 








V, C, System Evaluations and Parametric Data Summary (cont.) 


O2/H2 engine performance parametric data at an area ratio of 
400:1 are presented on Figures 40 and 41 for the regeneratively and filn.- 
cooled engine cases, respectively. For the regen systems, performance drops 
off as thrust and chamber pressure decrease because of increased kinetic 
losses. Film-cooled engines were not found to be feasible below a thrust 
level of about 4.45 KN (1000 lb). Above approximately 6.8 atm (100 psia) 
chamber pressure, the performance of the film-cooled engine decreases with 
increasing chamber pressure because of the film-cooling losses. Performance 
also drops off at low chamber pressures because of the increased kinetic 
losses. Therefore, the film-cooled engines have a chamber pressure at which 
performance is maximized, as shown by the figure. The performance of the 
regen-cooled engine is 85 secs higher (i.e. , 465 vs 380 secs) than that of the 
fiim-cooled engine at a thrust level of 4.45 KN (1000 lb) if it is assumed 
that the regen-cooled engine is capable of operating at a chanter pressure of 
34 atm (500 psia). Compared to the data presented for the O2/CH4 and 
O2/RP-I systems in the previous section, the 465-sec delivered performance 
value of the O2/H2 * 2 is 96 and 130 sec higher than that of the 

O2/CH4 and O2/RP-I, i.iyines, respectively. 

7H2 engine envelope parametric data are shown in I .gure 42 
as functions of thrust and chamber pressure. A comparison of these data with 
those for the C2/RP-I and O2/CH4 systems shows that the envelope does 
not vary significantly with propellant combination. 

The relative system weights of the various O2/H2 concepts are 
compared in Figsire 43 at a thrust level of 4.45 KN (1000 lb% The relative 
weight includes the weight of the engine, the difference in propellant tank 
press ization system weights, and any additio :"'l equipment such as 
acciM,;..at $, fuel cells, electric motors, a 1 aV.ernators. The data show 
^.hu jmp-;ed systems are significantly lighter li.an the pressure-fed cases. 

:h ~>utnp-fed system weight advantage is even greater than that shown with 
92 / .V. -i propellants because the .ydrogen tank is so large. 

The weights of the pump-fed systems are compared on an expanded 
scale in fi'^ure 44. The expander cycle is the lightest-weight engine because 
it has the fewest components, although the mixed expander/turboaUernator 
cycle describee in Figure 27 weighs only 4.5 to 9 kg (10 to 20 lb) more. The 
reasons for the data trends are the same as those explained for the O2/CH4 
pump-fed systems in Figure 36. 

0. CONCEPTUAL ANALYSIS CONCLUSIONS AND RECOMMENDATIONS 

The conceptual design and parametric analyses showed that a hydrogen 
regeneratively cooled, pump-fed O2/H2 engine has the following advantages: 
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THRUST, KN 

Figure 40. Delivered For All O 2 /H 2 Regen-Cooled Concepts 
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Figure 42. 0«/H„ Engine Envelope Data For All Concepts 
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V» D, Conceptual Analysis Conclusions and Recommendations (cont.) 


° Highest Performance 

® Lowest Thrust and Highest Pc Capability 

“ Lightweight Expander or Turboalternator Cycle Feasibility 

° Small Engine Envelope 

A comparison of regen-cooled engine data at the same thrust level (4.45 
KN (1000 IbF)) shows: 


Propel lant 
Combination 

Design 
Chamber 
Pressure 
atm (psia) 

Del ivered 
Is. 
sec 

Engine 
Length, 
cm (in.) 

Weight 

kg (lb) 

O 2 /RP-I 

10.2(150;(1) 

335 

218(86) 

77.1(170)(3) 

O 2 /CH 4 

27.2(400){2) 

369 

132(52) 

43.1(:»d)(4) 

O 2 /H 2 

34(500)(2) 

465 

122(48) 

(41.7)(92)(4) 


(1) Based upon cooling limit 

(2) Based upon power balance considerations 

(3) Auxiliary power source 

(4) Expander cycle 

Based upon the cooling and conceptual analyses results, an O 2 /H 2 
pump- fed, regenerati vely cooled engine was recommended and approved by 
NASA/LeRC for preliminary design. 
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SECTION VI 


ENGINE SYSTEM PRELIMINARY DESIGN 


A. OBJECTIVES AND GUIDELINES 

The objectives of this part of the study were to provide preliminary 
design information on one engine concept and to update the parametric perform- 
ance, weight, and envelope data on the basis of the oreliminary design evalua- 
tions. 


The engine design point was selected on the basis of the obtained 
thrust chamber cooling data and engine s/stem conceptual design and parametric 
analyses results. The design point selected is shown in Table XII. The 
thrust level was selected in concert with NASA/LeRC. It is on the low side of 
the system study recommendations, but does provide a reasonable point of 
departure for future technological optimization. The chamber pressure was 
selected on the basis of obtained cooling and power balance results and allows 
for some design margin. 

The engine requirements as defined by the statement of work (SOW) are 
listed below: 


® Propellant inlet Temperature ® 

° Hydrogen Pump 

“ Oxygen Pump 

“ NPSH at Engine Inlet, m (ft) 

® Hydrogen 

° Oxygen 

® Service Life 

” Gimbal Angle (Square Pattern), 


(“R) 

21 (37.8) 

90.4 (162.7) 


4.57 (15.0) 

0.61 (2.0) 

5 thermal cycles (times safeyy 
factory of 4) and 11 hrs 
accumulated run time (derived 
from Figure 9) 

degrees +7 


The preliminary design parameters include: 


Engine assembly and system layout drawings. 
Engine assenbly weight and center of gravity. 
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TABLE XII.- ENGINE DESIGN POINT 


Propellant Combination 


O2/H2 


Engine Vacuum Thrust, N (LB) 2224 (500) 


Thrust Chamber Pressure, 
atm (psia) 


Engine Mixture Ratio 


Nozzle Area Ratio 


34 (500) 

6.0 

400:1 


Thrust Chamber Coolant 


H, 


Cool 1 no Method 


Regen 


Engine Cycle 


Mixed Expander & 
Turboalternator 



VI, A, Objective'; and Guidelines (cont.) 


° engine performance and power balance data at design thrust and 
design MR, as well as at +10% design Ml. 

“ Description of engine operation and control. 

° Thrust chamber, injector, and nozzle layout drawings. 

“ External views of turbopumps and valves. 

° Design and off-design analyses of pumps and drives. 

The parametric data were updated for the selected engine concept as a 
function of thrust and chamber pressure over a nozzle expansion area ratio 
range from 200 to 1000:1. 

B. ENGINE SYSTEM DESIGN 

1 . Engine System Description 

The engine cycle selected for preliminary design is a pump-fed 
mixed expander and turboalternator cycle. The expander/turboalternator con- 
cept is shown in Figure 45. This concept incorporates the bes» features of 
the expander and turboalternator cycles. The hydrogen turbopump is driven in 
the expander mode, and the oxidizer turbopump is driven in the turboalter- 
nator mode- This eliminates one large electric motor, thus reducint, the size 
of the alternator required for the pure turboalternator cycle. Only the lower 
horsepower oxygen pump is driven by an electric motor. The advantage of the 
mixed expander/turboalternator cycle over an expander cycle is the elimina- 
tion of a hot-gas bipropellant seal. A minor weight penalty for the alterna- 
tor and electric motor is involved, but this weight penalty is insignificant 
when the total system weight is considered. 

The Hydrogen is pumped to the required discharge pressure for 
delivery to the thrust chainber. Series-redundant shutoff valves are shown 
downstream of the turbopumps to meet the safety and environmental criteria of 
the Orbiter payload bay (i.e., no propellant leakage into the payload bay). 

The hydrogen enters the thrust chamber coolant jacket at an area ratio of 23:1 
and flews forward through the slotted copper chamber to the injector head end. 
Eighty percent of tSe hydrogen flow is used to drive the LH 2 TPA turbine and 
alternator assembly. The remaining heated hydrogen bypasses the turbine 
assetibly and provides the cycle power balance margin and engine thrust con- 
trol. Ihc large bypass flow was selected because of the uncertainty of meet- 
ing component nominal performance values (i.e., efficiencies, pressure drops, 
attd coolant temperature rises) at these low-thrust levels. 
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Figure 45. Baseline Mixed Expander and Turboalternator Cycle 



VI, R, Engine System Design (cent.) 


The oxygen is pumpe '' its required discharge pressure and 
delivered directly to the thru- namber injector in the liquid state to be 
mixed and burned with the gaseous hydrogen. 

The nozzle is radiation-cooled from an area ratio of 23:1 to the 
exit (»: = 400:1). FS-85 columbium with a sil icide coating was prel iminarily 

selected as the nozzle extension material because of its high temperature 
capability. ALRC has obtained considerable experience in the design and manu- 
facturing of radiation-cooled nozzles on the Transtage, Apollo, and OMS engine 
programs. 


The cooling circuit scheme described has been selected because of 
Its simplicity. The regeneratively cooled section has only one inlet manifold 
and one outlet manifold. Regeneratively cooling a tube bundle nozzle from an 
area ratio of 23:1 to 200:1 would increase the hydrogen temperature slightly 
and help the cycle power balance. However, it would increase the mechanitjl 
design ca.iplexity and add tube bundle inlet and outlet manifolds. 

riio engine assenbly layout is shown in Figures 46 and 47. The 
engine features side-mounted pump and drive systems which are located in 
opposite quadrants. The series-redundant shut-off valves are mounted inline 
and approximately 45° away from the pumps. The engine controller is also 
side-mounted on the engine. The controller requirements (i.e., size, power, 
weight) were estimated to be one third of those required for a 66.7 KN 
(15,000 lb) thrust OTV engine (described in Reference 30). The low-thrust 
engine controller requirements are estimated as follows: 

CONTROLLER REQUIREMENTS 

Weight, Kg (lb) 5.44 (12) 

Powet , watts 96 

Volui'itf, m^ (in.^) 7.34 x 10"^ (448) 

The above esumate does not include the power supply. With the power supply, 
the weig'it would approximately doub'e. 

The engine is lo..a cm (40 in.) long and has a 40.6 cm (16 in.) 
nozzle exit diameter. To accominoda ^ gimba'i requirement, the diameter 
IS 65.5 cm (25.0 in. ). 

The engine center of gravity in the axial direction was calculated 
to be 30 cm (11.8 in.) from the giinbal center. Referring to Figure 47, the 
center of gravity location in the Y and I axes is +2.21 cm (0.87 in.) and 
+2.29 (0.90 in.), res^)ect i vely. 
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Figure 46. Engine AssemDiy Layout Drawing (Side View) 
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Figure 47. Engifie Asseirt)1y L .yout D'jwinq (Top View) 


VI, B, Engine System Design (cont.) 


A typicdi engine/vehicle installation drawing is shown in Figure 
48. The propellant tank configurations and location of the engine ginibal 
point were provided by NASA/LeRC for use in determining propellant line 
lengths and pressure drops from the tank outlets to the engine inlets. The 
engine inlet lines are only required to be 1.59 cm (5/8 in.) to provide the 
engine flows. Therefore, these small lines can be flexible. The bends shown 
n the lin.'S provide for flexibility during engine gimballing. 

2. Nominal Operating Point 

The baseline engine performance, weight and envelope data 
resulting from the preliminary design activities are shown in Figure 49. 

These data were used t-' update the engine syste"i parametric and power balance 
model. Typical outputs of the engine model are shown in Tables XIII, XIV, and 
XV. The outputs shown are the outcome of an iteration to incorporate modifi- 
cations in component weights, efficiencies, etc., that have resulted from the 
preliminary design. Therefore, values used to initiate the preliminary design 
may not be consistent. For example, a hydrogen putr.^ discharge pressure 
requirement of 64.6 atm (950 psia) was initially estimated, whereas the final 
iteration shows a fuel pump discharge pressure of 62.6 atm (921 psia). 

The engine performance was calculated by using the "JANNAF simpli- 
fied performance prediction methodology." The original JANNAF procedures were 
defined in 1968 and were limited in scope to thrust chamber performance and an 
empirically based method for determining the energy release performance loss. 
Subsequent work by JANNAF has led to less restrictive procedures and an 
expanded analytical approach. These updated procedures are defined in CPIA 
publications 245 and 246 (References 31 and 32 respectively). CPIA 245 
contains the specifications for performance test data acquisition and 
interpretation. CPIA 246 contains the specifications for liquid rocket engine 
performance prediction and evaluation. 

Since the standard procedure is relatively costly in tenns of both 
engineering hours and computer time, there is a great incentive to use 
simpler, more economical procedures to perform parametric i nd point design 
analyses. Such techniques have been developed and are included in the JANNAF 
procedures (Reference 32). 

As described in CPIA 246, the simplified procedure is "less accur- 
ate but quicker and less expensive than the "rigorous" method and is thus 
appropriate for the prelimianry design type analysis required for the baseline 
engine definition and generation of engine parametric performance data. The 
accuracy of the simplified procedure can be made nearly equivalent to that of 
the more rigorous procedure, provided the proper performance efficiencies are 
defined and shortcut calculational methods or correlations are calibrated or 
anchored over the parametric range under consideration. 
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Figure 48. Engine/Vehicle Installation Drawing 
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Figure 49. Engine Preliminary Design Summary 



TABLE XIII. - LOW-THRUST ENGINE MODEL BASELINE PERFORMANCE 
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TABLE XIII. - LOW-THRUST ENGINE MODEL BASELINE PERFORMANCE, 
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TABLE XIV. - LOW-THRUST ENGINE MODEL BASELINE CYCLE 
POWER BALANCE DATA 
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TABLE XIV. - LOW-THRUST ENGINE MODEL BASELINE CYCLE 
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TABLE XV. - LOW-THRUST ENGINE MODEL 
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BASELINE PRESSURE SCHEDULE (cont) 


eoooooocy^oc^^ooooooooemm 

ooooooo^^o^K)«-40«-<o*^o.-iOf-*f-ier 

iop^or^<rio%0ioi-4o»-i^ftn mmo o m «n sa co 
(M CM ^ CM ^ K> CM CM CM CM O 


I ^ • 
I I 


lO ^ ^ ^ o 

0^ «0 ^ «-4 o 

• • • • * 

CO <r <r o 

c I 0^ CO o o 

I I m m m 


OOOOOOC3Cr^(^O(7'«*4CX)C>CDOC0CIQ0O00^^O^^^C3^^C0^0^C0^^^O 

OOOOOOO*H^O«^r^OOaOOOOOO0'^O»^Or^O*-<4f>»0if)"-<KlCj^«Ha 


%O»O»O«^CM»O0'CMi^O*^0^CM CMlOr^ 

CM CM CM O CM ri O O CT 

ch 0^ ^ o 


^^lncMCD•OOrO^«00^4)^K)r^««0«‘(^C^ 
0^ CDMKCM^^iO lO^a^in^’O 

ococcoAflomiomin 














a 



Ui 



u 

X 




o 









o 
















C9 



X 



u 

a 








a 





X 
















X 



3 



X 


3 



Ui 









o 






o. 










o 



►- VI 

Ui 



UI 

O 



X 




o 











o 













Ui VI 




X 




3 ^ 








Ui 






« 










Ui 



«i Ui 



UI 

3 UJ 


►* 

V) 

a 



►- 


•J 



X 






C) 







u* 

a 


X 



X X 

3 


> 

VI 

> 


u 

VI 




< 





3 




a. 




0. 


Ui 


a 

Ui 

o 


3 

a 

»*-i a 

o 

a 


V) 

•J a 


a 

►“ 

a 


X 


r- a 


VI 




o 


UI 


o 


V) 


o 

•J tsc 

L- 

VI 

UJ 

o 



o 

< 

u 

< 

o 

X 

X 

3 

o 




o 

O 

Ui 

VI 

a 

a 


9C 




« 




m 

X 

o 

Ui 

VI 

•J 

X 

X X 

X 

X 

> 

X 

> 

X 

M 

a 

O 

X 


u 



X 


a 

o 

o 

a 

a 


D H 

o 




o 

M 



Ui 

L- 

O 

Ui Ui 

Ui 

o 


a 


o 




o 


X 


» o 

2 

X 

< 

X 

X 


>- 

VI 

UI 




Ui 



U X 

X 

3 


a a 

a 


u 


a 



H* 

►- 



3 

a 




a 

a 

o 

3 

u u u 

VI 

•J 

Ui 


Ui o 

Ui 

UI cc 

a 

o 

U: 

Z X 

z 

u 

u 

Ui 

a 

Ui 

Ui 

Ui 

Ui 

u 

a 

V) 

UI 

u 

u 





V) 

flc or 


UI 

K 

cr 


CK 

oc 

cr 

> 

3 




oc 

4t ^ 

«t 

X 

o 

> 

o 

X 

X 

X 

X 

cr 

a 

V) 


•i 

tt 

X 

X 

X 

U' 

VI 

O O X 

QC 

D 



O 

< 

3 


VI 

UI UI 

Ui 

3 

o o 

o 

3 

K 


L- 

3 

u 

o u 

3 


a 


L- 

3 

o 

o 

o 

X 

UJ 

M C/) IM 

CL 

O 

VI 

►* 

V) 

z 

VI 

< 

VI 

> 

> 

> 

VI 



VI 

3 


3 VI 

« 

X 

X 

V) 

X 

X 

3 

3 

VI 

►- 

►- 

►- 

3 

iv: 

0) VI 




VI 

U 

V3 

u 

V) 

> 

u 


-i 


VI 

X X 

X 

VI 

X 

> 

X 

VI 

3 

3 

3 

V) 


a 

O 

O 

V) 

o 

u 

U) 

V) 

c.. 

ui ui 

u u 

UI 

Ui 


UI 

VI 

UI 


X 


< 

< 

UI 

o o 

o 

UI 

VI 


VI 

UI 




u 





UI 

Ui 

a 

u 

V) 


« oc 

> 

> 

> 

« 

X 

X 


« 

lu a 

> 

> 

> 

X 

9>m M 


X 


a 


X 

a 



X 

UI Ui 

Ui 

Ui 

X 

3 

3 

3 

a 

X 

a & 

•J 

-J 


a. 

M 

a. o 

a 

u. 





a 

1- 1- 


a 

u 

a 

Ui 

a 

2 

X 

X a 

2 

2 

2 

2 

a 

2 

2 

2 

X 

a 



< 







O Ui 

X 

X 

X 


< < 

X 


X 

o 

X 


< 

< 

X 




Ml* 



99 

99 

M 

a 

CD 

It u 

> 

> 

> 

u 

a. 

a 

a 

UI 


> 

u 

u 

o 

Ui 

VI VI 

VI 

UJ 

9^ 

L- 


Ui 

-i 



u 

CD 

(D 

OO ffi 

Ui 





c 

X X 

Ui 

UI 

UI 

X 

X 

X 

a 

X 

3 

•i 

Ui 

u 

Ui 

X 

«l J 


X 

o 

3 O 

X 

O 

O 

o 

X 

X 

X 

at 

X 

X 


< 

< 

< 

X 


or. 

ec 

X 


o 

D 

3 


X 

< 

z 

X 

r 


3 3 

3 


X 

X 

X 


o 

o 

o 


3 

3 

3 

3 


o 

a 

o 

a 

z 

K «j a 

CL 

0. 


0. 

a 

0. 


VI 

> 

u 

u 

u 


& a 

a 


Ui 

VI 

UJ 

-i 

o 

o 

o 


L- 

u* 

K 

IM- 

-J 



►- 

r- 

• 

a 

V 9 

9^ CM 

9 

tn 

♦ 

• 

in 

• 

• 

r~ 

CO 

O' 

o 

• 

CM 

Kl 

♦ 

in 

• 

Ml 

ou 

cr 

o 


CM 

p»» 


tn 

Ml 


CO 

cr 

o 


CM 

•o 


Ml 

M) 

r- 

«L 


CMCMCMCMCMCMCM«MCMCM»0»0f0pn»OK>»0»Opn 


100 


VI, B, Engine System Design (cont.) 


An in-house analysis of the experimental performance results 
presented in References 33 and 34, with the JANNAF standard analysis tech- 
niques (Reference 32) was perform^ to qualify or anchor the analytical per- 
formance procedures when applied to high area ratio (190-400) hydrogen/oxygen 
rocket engines. This analysis is reported in Reference 30. These procedures, 
once qualified, were used to develop reasonable predictions of attainable 
specific impulse for the baseline low-thrust engine. The "calibrated" model 
predicts an attainable specific Impulse of i.pproximately 465.2 sec for the 
baseline low-thrust engine at nominal operating conditions. 

A combustion chamber length of 15.2 cm (6.0 in.) was selected to 
meet the engine performance and power balance requirements while avoiding 
cooling limits. With this chamber length, the coolant jacket exit temperature 
and turbine inlet temperature is 305. 6*K (550®R). A longer chamber could 
increase the turbine inlet temperature (considered beneficial for the power 
balance), but the coolant jacket pressure drop would also increase. A prelim- 
inary trade study was conducted to identify an optimum chamber length at the 
design point. The thermal data used to conduct the cycle power balances are 
shown in Figure 50. The fuel pump discharge pressure results from the power 
balance analysis are shown in Figure 51. The figure shows that the fuel pump 
discharge pressure could be reduced by approximately 3.4 atm (50 psia) if the 
thrust chamber length were increased. The short chamber meets the performance 
requirements and results in a design with more thermal margin, maintaining a 
lower coolant Mach number. The shorter (15.2 cm/ 6.0 in.) chamber has been 
baselined and represents a conservative design approach. This chamber length 
could be increased if other components failed to meet their predicted perform- 
ance values. The chamber length should be optimized in more detailed engine 
design studies. 

3. Off-Oesign Mixture Ratio Operation 

The results of off-design mixture ratio cycle power balance and 
performance analysis for the baseline low-thrust engine are presented in 
Figures 52 and 53. 

The two off-design mixture ratios assumed were 5.4 and 6.6, 
respectively, vwiich represents a +10% variation from the baseline mixture 
ratio of 6.0. The analysis assumed that thrust (2224 N/500 IbF) remained 
constant. 
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CHAMBER LENGTH, CM 

Figure 50. Charnber Coolant Exit Tenperature and Pressure Drop vs 
Chamber Length 
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Fig'ire 51. Hydrogen Pump Discharge Pressure Requirement vs Chamtar Length 
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Figure 52 . Engine Performance and Pump Discharge Pressu.-e vs Engine 
Mixture Ratio 
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Figure 53. Turbine Inlet Temperature and Percent Turbine Bypass Flow vs 
Engine Mixture Ratio 



VI, B, Engine System Design (cont.) 


The major effect of operating the baseline engine at a mixture 
ratio of 5.4 was a 32*’K (58®R) drop in turbine inlet temperature. This temp- 
erature drop is due to the higher fuel coolant flow and the lower chamber com- 
bustion temperature. Although the fuel flow is higher, this lower turbine 
inlet temperature represents a less energetic turbine drive fluid. The higher 
fuel flow also results in higher pressure drops in the fuel circuit. This 
requires a higher fuel pump discharge pressure to yield the desired chamber 
pressure. The reverse of this condition exists in the oxidizer circuit (i.e., 
less flow) which results in a lower required oxidizer pump discharge pres- 
sure. The net result is increased total required pump horsepower at the lower 
operating mixture ratio. The potential turbine power deficiency is almost 
entirely compensated for by the increased turbine pressure ratio (due to 
increased flow through the turbine). The remaining turbine power deficiency 
is compensated for by decreasing the turbine bypass flow to 19.4% (i.e., 
increasing turbine flow from 80% to 80.6% of the total fuel flow). This 
further increase of flow through the turbine increases turbine pressure ratio 
and, hence, available turbine horsepower to match the required pump 
horsepower. 


The major effects of operating the baseline engine at a mixture 
ratio of 6.6 are higher turbine inlet temperature a:-d lower delivered specific 
impulse. The lower specific impulse causes a slightly higher total propellant 
flow rate, but the higher mixture ratio still results in a net decreased fuel 
flow and increased oxidizer flow over that of the baseline engine. The higher 
turbine inlet temperature is the result of this lower fuel flow and the higher 
chamber combustion temperature. In this case, then, there is less turbine 
drive fluid available, but the higher temperature represents a more energetic 
drive fluid. The lower fuel flow also results in reduced fuel circuit pres- 
sure drops, thus reducing the required fuel pump discharge pressure. The 
oxidizer pump discharge pressure on the other hand is higher because of the 
increased oxygen flow. Since the fuel pump always required proportionally 
more horsepower than the oxidized pump, the net effect is less total required 
pump horsepower. The combination of lower turbine pressure ratio and fuel 
flow and higher turbine inlet temperature and lower required pump horsepower 
results in a surplus of available turbine horsepower. This surplus power is 
eliminated by increasing the turbine bypass to 23% (i.e., reducing flow 
through the turbine to 77% of the total fuel flow). 

C. COMPONENT DESIGN ANALYSIS 

Layouts of the thrust chamber assently, and the igniter, injector, and 
chamber were prepared. In ad*^' tion, external views of the pumping systems and 
system valves were drawn to show dimensions and to assist in developing the 
engine layout. 
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VI, C, Component Design Analysis (cont.) 


This section also contains a discussion of the engine operational 
sequence, along with the control system narrative. 

1. Thrust Chamber Assembly 

The overall thrust chamber assembly layout is shown in Figure 54. 
The engine is head-end gimballed and the gimbal is mounted above the igniter. 
The cylindrical thrust mount structure is machined from stainless steel and 
bolted to the injector on the outboard side. 

A chamber structural throat support is required because of the 
thin-walled, small diameter throat and the unusually long chamber and nozzle. 
To meet this requirement, a conical support structure surrounds the entire 
chamber to provide a load path for gimbal, start transient, or vibration- 
induced loads from the nozzle. A secondary function of the conical support 
structure is to provide for a convenient means of attachm'-nt for the other 
engine components. The support structure is attached to the forward and aft 
Cres 304L manifolds by electron beam welding. Openings in the cone provide 
easy access to component attachment points, as well as lower system weight. 

The nozzle is radiation-cooled from an area ratio of 23:1 to the 
exit (e = 400:1) and bolted to the chamber aft manifold. FS-85 columbium with 
a silicide coating has been selected as the nozzle extension material because 
of its high temperature capability. This material has been used recently at 
ALRC for the OME radiation-cooled nozzle. Detailed design studies should 
assess the merits of C-103 columbium which is easier to weld although It does 
not have the temperature capability of FS-85. 

2. Igniter. Injector, and Chamber Design 

The integrated igniter/injector/chamber design layout is shown in 

r igure 5b. 


The injector is designed to accept an Igniter which is similar to 
that used on the Integrated Thruster Assembly (Contract NAS 3-15850) and 
Extended Temperature Range Thruster Investigation (Contract NAS 3-16775) pro- 
grams (References 20 and 35, respectively). The igniter incorporates a radial 
platelet injector which is also a laminate of 304L stainless steel platelets. 
Ignition occurs in an oxygen-rich core (m 40) to ensure reliability. The 
igniter combustion chamber is made of nickel alloy and Is slotted on Its outer 
diameter to provide for regenerative cooling with hydrogen. At the converging 
section of the igniter nozzle, the oxygen-rich core and hydrogen coolant mix 
and react, entering the chamber at an overall mixture ratio of 6,0. The 
igniter nozzle is made of nickel alloy and electron- beam-welded to the injec- 
tor body. Nickel alloy is also used for the spark electrode, and stainless 
steel is used for the electrode housing. The electrode and the ceramic insu- 
lator are sealed to the housing with flexible metal "0" rings, as this design 
represents a significant improvement over earlier ceramic seal designs. 
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Figure 54. Thrust Chamber Assembly Drawing 
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Figure 55. Igniter/Injector/Chamber Drawing 



VI, C, Ccxnponent Design Analysis (cont.) 


The injector must satisfy two important criteria. To attain the 
required cycle life and power balance, the injector must maintain a cool run- 
ning face and a controlled heat flux to the chamber wall. In addition, excel- 
lent vapo"ization and mixing efficiency are required to achieve the maximum 
energy release efficiency (CRE). The preliminary injector design shown in 
Figure 55 is intended to satisfy these requirements. 

The injector design utilizes coaxial swirl elements as this type 
of element has an extensive operating history with GH 2 /LO 2 propellants 
over a broad range of thrust and chamber pressures. As a result of the pack- 
aging constraint imposed by the small chamber diameter, there are only six 
coaxial elements; consequently, the igniter is designed to act as a seventh 
element. The mass flowrate is divided evenly among the coaxial elements and 
the igniter. 


Combustion is expected to occur close to the injector face, 
because the hydrogen at 281. 7°K (47"F) is injected as a gas and the LO 2 
immediately flashes into a gas upon injection. If subsequent design analyses 
should indicate that injector face cooling is necessary to meet the required 
cycle life, a platelet stack could easily be incorporated into the face 
assenbly to provide the necessary cooling. It is anticipated that regenera- 
tive cooling of the injector face, coupled with discrete fuel film cooling, 
would orovide the most reliable method of ensuring face integrity. The regen- 
erative? cooling would be accotnpl i shed by the GH 2 flowing through photoetch^ 
passages within the platelet stack and in the annuli around the oxidizer 
tubes. Fuel film-cooling would occur through bleed orifices in the face. The 
extremely accurate photoetched flow control passages would assure unifonn flow 
across the entire injector face. The platelet stack would be a laminate of 
304L stainless steel wtiich, in turn, would be brazed to a stainless steel 
strongback. Should better thermal properties be required, OFHC could be sub- 
stituted with only the gas-side platelet being stainless steel. 

It is anticipated that the injector face assently does not have to 
be Physically attached to the injector element oxidizer posts; therefore, the 
injector face plate is electron-beam-welded at its outer periphery and near 
the center of the injocior body. If subsequent stress analysis should reveal 
the need for additional support, the face plate could be brazed to the oxi- 
dizer posts. The fuel manifold is fonned when the injector face plate is 
welded to the injector body (which is also 304L stainless steel), since the 
manifold cavity is machined from the face-side of the body. 

Uniform propellant mass distribution is necessary to prevent hot 
streaks from occurring on the chaiiu?er wall; consequently, the fuel inlet torus 
surrounding the injector body is designed for constant flow velocity to assure 
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VI, C, Component Design Analysis (cont.) 


uniform fuel distribution into the fuel manifold. Fuel is fed from the inlet 
torus to the manifold through six equally spaced feed holes located circumfer- 
entially in the injector body. The six feed holes are positioned midway 
between the six coaxial elements. The fuel manifold has sufficient size to 
provide uniform fuel distribution to the six coaxial elements. 

Preliminary dimensions of the injection elements are as follows: 

Ox Tube ID - 0.213 cm (0.084 in.) 

® Ox Tube OD/Fuel Annulus ID ■ 0.318 cm (0.125 in.) 

" Fuel Annulus OD ■ 0.51 cm (0.20 in.) 

The oxidizer torus is machined from the face-side of the injector/ 
igniter interface. A metering plate with 24 equally spaced metering holes (12 
holes each in 2 rows) is b> azed to the injector/igniter interface to enclose 
the oxidizer torus. The resulting assembly is then electron-beam-welded at 
its center and at its periphery to the injector body, thereby forming the 
oxidizer manifold. The oxidizer manifold is fed from the metering plate, pro- 
viding uniform mass distribution to the oxidizer swirl platelet stack which is 
located just upstream of the oxidizer tubes. 

The oxidizer tubes, recessed approximately 0.178 cm (0.070 in.) 
from the face, are held concentrically within the fuel discharge orifice by 
four small tabs integral with the tubes. The tubes can either be integral 
with the injector body or brazed into the injector body, as both methods have 
been used in previous applications. Nickel tube tip inserts are brazed to the 
304L oxidizer tubes, since nickel has a higher thermal conductivity, thus pro- 
viding a high thermal margin at the tube tip. In addition, the nickel inserts 
will be free-floating on the chamber end to prevent thermal stress. 

The LO 2 enters the injector oxidizer tubes tangentially, forming 
a hollow cone spr^ with a 30“ half-angle as it exits from the tube into the 
surrounding Gtl^. The tangential flow of the oxidizer is established by the 
swirl platelet stack brazed to the upstream side of the injector body. The 
stack is a laminate of 304L stainless steel platelets. 

The injector assembly is electron-beam-welded to the chamber, with 
the igniter bolting to the injector at the injector/igniter interface. 

The changer, illustrated in Figure 55, is a milled-slot, single- 
pass design. The chamber contour is comprised of a 3.68 cm (1.45 in.) ID cyl- 
indrical section, 13 cm (5.10 in.) long, which converges at a 30* half-angle 
to a throat diameter of 2.03 cm (0.800 in.). From the throat, the contour 
diverges along a 90X bell nozzle profile to an area ratio of 23:1, located 
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VI, C, Component Design Analysis (conU) 


5.25 cm (2.069 in.) below the throat. The hydrogen coolant enters the chamber 
at the 23:1 area ratio and flows toward the forward end along an axial dis- 
tance of 20.5 cm (8.069 in.). Uniform coolant distribution is necessary 
within the chamber; therefore, the chamber inlet manifold is designed for con- 
stant flow velocity. The coolant collects in a manifold outboard of the cool- 
ing channels and exits radially into the chamber outlet manifold. The chamber 
contraction ratio of 3.3 is the same as that of the Integrated Thruster Design 
(ITA), Reference 20. It was selected on the basis of both the performance and 
heat transfer reguirements discusseil in Section IV, A of this report. 

Zirconium copper was selected as the material for the gas-side 
v/all because of the reguirement for high conductivity and high strength 
throughout the cycle life. The inlet manifold flange and the outlet manifold 
at the aft and forward ends of the chamber, respectively, are made of Cres 
304L. These manifolds are designed to be brazed directly to the slotted 
zirconium copper chamber. Both braze joints are on cylindrical surfaces to 
facilitate asseiibly and to assure sound braze joints. Cres 304L was selected 
for the manifolds primarily because of its excellent electron-beam-weldi ng 
(EB) characteristics. All subsequent EB-welds are made to either of these two 
manifolds. 


The thrust chamber contains 43 equally spaced coolant slots which 
are machined into the backside ot the zirconium copiier liner. To permit a 
cylindrical (rather than conical) braze joint at the aft end of the chamber, 
the first coolant slot of approximately 1.91 cm (0.75 in.) length is fabri- 
cated by the electrical discharge machining method. The coolant slots are 
closed out with electroformed copper and nickel. Initially, the slots are 
closed out with 0.0254 to 0.0508 cm (0.010 to 0.020 in.) thick cop;>er. This 
copper layer prevents hyd’’ogen emlirit t lenient of the 0.28 to 0.305 cm (0.110 to 
0.120 in.) thick structural nickel wall which is subseguently added. No weld- 
ing or brazing to the electroformed nickel is reguired, thereby avoiding the 
possibility of blistering or cracking the electroformed nickel. 

3. Rotating Machinery Design 

Operating conditions for the turboal ternator, fuel pump, electric 
motor, and oxidizer pump were detennined for the mixed expander/ turbo- 
alternator cycle engine. The operating conditions, within the assumed design 
limits, dictate a four-stage hydrogen pump and an alternator with a rated 
power of approximately 4.5 Kw (6 hp) both of which are driven by a single 
stage 13% partial-admission, axial-flow gas turbine. Acceptable component 
efficiencies are achievable at a limiting shaft speed o' about 200,000 RPM. 

The oxidizer pump, driven by the electric motor, has two stages and also 
ach’eves practical efficiency levels at the minimum NPSU-maximum suction 



VI, C, Component Design Analysis (cont.) 


specific speed limits established in the study. Baseline pump operating 
characteristics are shown in Table XVI, and the pump drive characteristics are 
shown In Table XVII. The electric power to drive the oxidizer pump Is 
generated by an alternator that is powered by the fuel turbopump hydrogen gas 
turbine. The cycle and pump drive selections dictate fuel turbopump operation 
at some multiple of the oxidizer pump speed. 

Maximum design speed for the oxidizer pump is 47,755 RPM. It Is 
set by the maximum suction specific speed limit of 580.9 RPM (m3/sec)V2/ 
m3/4 (30,000 RPM GPMl/2/ft3/^) with a minimum NPSH of 0.61 m (2 ft), and 
a thermodynamic suppression head (TCH) of 1.22 m (4 ft). Maximum allowable 
design speed for the fuel turbopump-alternator Is 200,000 RPM. This is set by 
the maximum rolling contact bearing ON value of 2 x 106 (imi x RPM) and the 
minimum bearing size of 10 mm. Suction specific speed is not limiting If the 
potential of the hydrogen thermodynamic suppression head Is assumed at a 
temperature of 21®K (37.8“R). The design operating speed of 191,320 RPM Is 
predicated on four times oxygen pump speed (plus slip differences) for the 
fuel turbopump-alternator assembly. The hydrogen pump speed was selected after 
evaluating its effect upon component efficiencies, sizes, number of pump 
stages, and alternator rotor stress and shaft bending critical speed. The 
operating speed selection results in high efficiencies and practical sizes 
while avoiding the bearing DN limit of 2 x 10® mm x RPM. The resulting oper- 
ating conditions yield a fuel pump efficiency of approximately 46X and an 
oxidizer pump efficiency of 50%, as shown In Table XVI and Figure 56. 

External views of the hydrogen turbopump and alternator assembly 
and the oxygen pump and AC motor assently are shown in Figures 57 and 58, 
respectively. The hydrogen pump and turbine weigh 2.7 kg (6.1 lb), and the 
alternator weighs 2.0 kg (4.3 1b). The oxygen pump and AC motor assenbly 
weighs 4.7 kg (10.4 lb). 

Estimates for “off-design" head-capacity characteristics of the 
multistaged hydrogen and oxygen pumps are shown In Figures 59 and 60, respec- 
tively. Estimates for "off-design" pump-head loss due to cavitation as a 
function of suction specific speed Is plotted on Figure 61. The slope of the 
curve is based upon empirical data. The assumed loss Is based upon a 5X head 
loss at design maximum suction specific speed. 

The turbine drive required a 1.472 pressure ratio at the maximum 
available hydrogen flowrates (0.14 Ib/sec). Efficiency Is estimated at 62% 
for a 13% partial-admission, axial-flow turbine. The turbine performance 
curve is shown in Figure 62. 


TABLE XVI, - BASELINE PUMP OPERATING CHARACTERISTICS 

(S.I. UNITS) 


PUMPS 

DIMENSIONS 

FUEL 

OXIDIZER 

Stages 


4 

2 

Net Positive Suction Head 

m 

4.57 

0.61 

Suction Specific Speed 

(rpm)(m3/sec)^/2 

351 

581 


(m)3/4 



Vapor Pressure 

atm 

1.22 

1.02 

Thermodynamic Supression Head atm 

8.84 

0.272 

Shaft Speed 

rpm 

191,320 

47,755 

Total Discharge Pressure 

atm 

64.9 

43.5 

Total Head Rise (Stage) 

m 

9509 (2377) 

385 (192) 

Capacity 

m3/sec 

9.91 X 10‘4 

3.66 X 10‘^ 

Specific Speed 
(Based on Stage Head) 

rpm(m3/sec)^/2 

(m)3/4 

17.66 

17.67 

Efficiency 

% 

45.8 

50.3 

Shaft Power 

KW 

13.87 

3.13 

Impeller Diameter 

cm 

2.18 

2.49 


(ENGLISH UNITS) 


Stages 


4 

2 

Net Positive Suction 

ft 

15 

2.0 

Suction Specific Speed 

■ 

18,114 

30,000 


ft3/4 



Vapor Pressure 

psia 

18 

15 

Thermodynamic Suppression 

Head ft 

no 

4 

Shaft Speed 

rpm 

191,320 

47.755 

Total Discharge Pressure 

Dsia 

950 

640 

Total Head Rise (Stage) 

ft 

31,196 (7799) 

1,262 (631) 

Capacity 

gpm ^ 

15,7 

5.8 

Specific Speed 
(Based on Stage ►^ad) 

rpm X gpm^^^ 
ft3/4 

912 

913 

Efficiency 

m 

45.8 

50.3 

Shaft Horser^^ef' 

hp 

18.6 

4.24 

Impeller Diameter 

In. 

0.86 

0.98 



TABLE XVII. - BASELINE PUMP DRIVE OPERATING CHARACTERISTICS 


(S.I. UNITS) 


DRIVE 

DIMENSIONS 

GAS TURBINE 

ELECTRIC MOTOR 

Stages 


1 


Gas 


GH 2 


Shaft Power 

KW 

18.87 

3.97 

Gas Weight Flow (Max) 

kg/sec 

.0635 


Gas Inlet Total Temperature 

o 

O 

o 

32.2/305.6 


Gas Inlet Total Pressure 

atm 

58.8 


Pressure Ratio 

— 

1.472 


Shaft Speed 

rpm 

191,320 


Efficiency 

% 

62 

80 

Admission 

% 

13 


Rotor Diameter 

cm 

3.89 


Blade Height 

cm 

0.40 


Alternator Efficiency 

•V 

/o 

90 



(ENGLISH UNITS) 


Stages 


1 

Gas 


GH2 

Shaft Power 

hp 

25.3 

Gas Weight Flow (Max) 

1b/ sec 

0.14 

Gas Inlet Total Temperature 

“F/“R 

90/550 

Gas Inlet Total Pressure 

psia 

865 

Pressure Ratio 


1.472 

Shaft Speed 

rpm 

191,320 

Efficiency 

X 

62 

Admission 

X 

13 

Rotor Diameter 

In. 

1.53 

Blade Height 

In. 

0.157 

Alternator Efficiency 

X 

90 


115 
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Figure 61. Pump Overall Head Loss Due to Cavitation 
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VI, C, Component Design Analysis (cont.) 


4. Controls System Design 

The primary objective of the control systems design analysis 
effort during this phase of the engine study was to provide envelope and flow 
port sizing data for the valves and to define the basic engine operational 
sequence. 


A definition of the engine system valve 'ocations and nomenclature 
is given in Figure 63. Prior to engine operation, the fuel and oxidizer pro- 
pellant lines must be ourged to ensure that no moisture or condensible gases 
are present in the engine system. The lines and components required for the 
engine purge and relief system and the igniter system should be determined 
during future more detailed engine system design efforts. 

After the engine is purged, it is chilled down and the operating 
sequence is initiated. The sequence which follows assumes that the engine 
prevalves (valves (T) and ) are open and the engine is chilled and bled-in 
to the pump discharge valves. 

® Close fuel turbine bypass valve (3). 

® Open fuel pump discharge and engine fuel shutoff valves(4)and 

0 . 

° Energize engine igniter system. 

° Open LO 2 pump discharge and engine LO 2 shutoff valves (6) 

and (0 . 

" As the fuel pump speed increases, the fuel pump alternator 
output is controlled to increase the oxidizer pump motor 
speed at a specified ramp rate, and the fuel turbine bypass 
valve 0 is shuttled to the nominal operating position. 

” Engine steady-state mixture ratio is controlled by sensing 
fuel and oxidizer system mass flowrates. This input is com- 
pared to set-point parameters, and the error signal is pro- 
cessed^ the controller to adjust the fuel turbine bypass 
valve (0 position and the power input to the LO 2 pump 
drive motor. 
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Figure 63. Engine System Valve Locations 




VI, C, Component Design Analysis (cont.) 


To terminate engine operation, the valves are actuated in the 
following sequence: 

® Close engine LO 2 shutoff valve (7) 

" Close LO 2 pump discharge valve @ 

° Close engine fuel shutoff valve (5) 

° Close fuel pump discharge valve 0 

“ Open fuel turbine bypass valve 0 

® De-energize engine igniter system 

If engine restart is not scheduled within a specified period of 
time, the fuel and LO 2 prevalves are also closed. 

To prevent excessive pressure rise as the engine system warms up 
after shutdown, pressure relief provisions can be designed into the pump dis- 
charge valves 0 and 0 and the prevalves 0 and (2), or relief valves can 
be added to the system. 

Based on the relatively small engine size and moderate operating 
pressures, it is assumed that the engine valves will be solenoid-operated. 

The tradeoff is solenoid weight versus the size and weight of a pneumatic 
actuation system which would probably have to be quite large to supply gas 
during the anticipated multiple restarts for the intended mission. This 
assumption should be reevaluated if it is later determined that actuation gas 
could be supplied by the vehicle tank pressurization system. It should be 
noted that power input to the solenoids can be minimized by reducing the 
applied voltage (i.e., from 28 VDC to 10 VOC) after a valve has been opened, 
or by using mechanical latching solenoids. 

The preliminary valve flow port sizing was calculated on the basis 
of the predicted flowrates and pressure drops from the engine pressure sche- 
dule, (Table XIV) and the cycle power balance data (Table XV). The resultant 
valve flow port sizing and equivalent sharp edge orifice diameters (ESEOO) are 
presented in Table XVI II. 

Based on a review of valve vendor literature, it was determined 
that the coaxial solenoid poppet valve configuration is desirable in terms of 
compact envelope size, high reliability, and cycle life. As a result, this 
configuration was chosen for the engine pump discharge and shutoff v^’ es. The 
approximate envelope dimensions for the fuel and LO 2 pump discharge an' 
engine shutoff valves are shown in Figure 64. It is anticipated that opening 
response requirements for these vai ves will not be critical because they will 
be opened during the start transient while system pressures are relatively 
1 'w. The valves are spring-loaded and will fai^-safe to the normally closed 
position. 
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TABLE XVIII. - 

ENGINE VALVE FLOW PORT 

SIZING 

Flow 

Port 

Dia. 

ESEOO* 
CD = .65 

Valve 

Type 

cm (in. ) 

cm 

iijiv) . 

Fuel Pump Discharge Shutoff 

Coaxial Solenoid 

.95 

(3/8) 

.66 

(.26) 

Valve 

Engine Fuel Shutoff Valve 

Coaxial Solenoid 

.95 

(3/8) 

.66 

(.26) 

LO 2 Pump Discharge 

Coaxial Solenoid 

1.27 

(1/2) 

.91 

(.36) 

Shutoff Valve 

Engine LOo Shutoff 

Coaxial Solenoid 

1.27 

(1/2) 

.91 

(.36) 

Valve 

Fuel Turbine Bypass 

Poppet-Control 

.64 

(1/4) 

.25 

(.10) 

Valve 

Fuel Prevalve 

Balanced Poppet 
or Gate 

1.27 

(1/2) 

1.17 

(.46) 

LO 2 Prevalve 

Balanced Poppet 
or Gate 

1.91 

(3/4) 

1.45 

(.57) 


♦Equivalent Sharp Edged Orifice Diameter 


/ 
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VALVE TYPE - COAXIAL SOLENOID 



Figure 64. Envelope Dimensions for Engine Valves 





VI, C, Component Design Analysis (cont.) 


The fuel turbine bypass valve is a poppet type control valve with 
the same overall dimensions as the engine shutoff valves. 

Consideration was given to utilizing the coaxial configuration for 
the prevalves; however, a coaxial solenoid valve with a 1.45 cm (.57 in.) ES- 
EOD would result in a heavy solenoid when the necessary number of ampere turns 
are wound on the larger valve diameter. Therefore, a balanced poppet or gate 
solenoid valve was selected for this location. Approximate valve envelope 
dimensions for the fuel and LO2 prevalves are shown in Figure 65. 

0. PARAMETRIC DATA UPDATE 

Based upon the results of the preliminary design, the engine parametric 
data were updated and generated over a nozzle area ratio range from 200 to 
1000 : 1 . 


As shown in Table XIX, in some cases, the individual component weights 
exhibited significant differences from the preliminary estimates. However, 
the total engine weight remained about the same. Changes to the envelope 
calculations were minor, and the performance is the same as presented for the 
conceptual analysis. Therefore, all the parametric data presented in Section 
V,C are valid. 

The parametric perfonnance, weight, and envelope data are summarized in 
Figures 66, 67, 68, and 69 as a function of thrust and nozzle area ratio at 
the baseline chamber pressure of 34 atm (500 psia). At this chamber pressure, 
engines at thrust levels of 890 N (200 lb) or less are not feasible to cool 
within the study guidelines. 

Figure 66 shows that performance gains beyond an area ratio of 400:1 
are relatively small, but that significant increases in the 200:1 to 400:1 
range can be obtained. 

The engine weight data shown in Figure 67 was generated by inputting 
the new baseline component weights in the engine model weight sealing 
equations. 
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TABLE XIX. - CURRENT VS INITIAL ENGINE WEIGHT STATEMENT 


COMPONENT 

INITIAL /,v 
ESTIMATE,'*' 

CURRENT ,,, 
ESTIMATE''^' 

CURRENT 

ESTIMATION 

DESCRIPTION 

kg_ Obsi^, 

JibsJ. 

BASIS 

1. High Pressure Lines 

0.50 

(1.1) 

0.50 

(1.1) 

(1) 

2. Valves and Actuators 

1.86 

(4.1) 

5.53 

(12.2) 

(2) 

3. Injector 

0.54 

(1.2) 

1.04 

(2.3) 

(2) 

4. Chamber 

0.86 

(1.9) 

1.86 

(4.1) 

(o 

5. Rad. -Cooled Nozzle 

3.22 

(7.1) 

2.77 

(6.1) 

(2) 

6. Igniter 

2.04 

(4,5) 

1.72 

(3.8) 

(2) 

7. Regen-Cooled Nozzle 

0.77 

(1.7) 

2.36 

(5.2) 

(2) 

8. Gimbal and Actuato*" Sys 

0.91 

(2.0) 

1.77 

(3.9) 

(2) 

9. Engine Controller 

5.44 

(12.0) 

5.44 

(12.0) 

(1) 

10. Miscellaneous 

5.72 

(12.6) 

5.72 

(12.6) 

(1) 

11 . Low Pressure Lines 

0.14 

(.3) 

0.59 

(1.3) 

(2) 

12. Fuel Pump 

3.49 

(7.7) 

1.72 

(3.8) 

(2) 

13. Ox Pump 

2.45 

(S.4) 

0.68 

(1.5) 

(2) 

14. Turbine Assembly 

4.85 

(10.7) 

1.04 

(2.3) 

(2) 

15. A.C. Motor 

2.63 

(5.8) 

4.04 

(8.9) 

(2) 

16. Alternator 

2.27 

(5.0) 

1.95 

(4.3) 

(2) 

17. Total Engine Weight 

37.7 

(83.1) 

38.7 

(85.4) 

(2) 


^Computer TOdel scaling of historical designs and data 
(21 

' 'Based upon preliminary design results 
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REGEN-COOLED 
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Figure 66. 'Jpdated 0.,/H, Engine Perfontwnce Parametric Data 
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Figure 67. Updated 0„/H« Engine Weight Parametric Data 



(3000) 13345 





Figure 68. Updated 0«/H« Engine Length Parametric Data 






SECTION VII 


CONCLUSIONS AND RECOMMENDATIONS 


The conclusions and recommendations derived from the results of this 
study are summarized in Table XX and discussed herein-. 

Hydrogen regeneratively cooled O 2 /H 2 engines provide the largest 
feasible thrust and chamber pressure ranges with use of conventional cooling 
methods and criteria. These engines are also applicable to a large number of 
system concepts and pump- fed systems as the availability of heated hydrogen 
for a turbine drive vluio makes them relatively easy to power balance. 

Film-cooled systems are only applicable in high-thrust {i.e., >4.45 KN 
(1000 IbF) and low chamber pressure operating regions. The film-cooling 
losses as well as the low operating chamber pressures make these engines 
unattractive. 

Methane regeneratively cooled O 2 /CH 4 engines provide a large, feas- 
ible operating thrust and chamber pressure regime. To avoid the two-phase 
region, the coolant jacket outlet pressure must be held above the critical 
pressure (i.e., 45.4 atm (667 psia)) of CH 4 . "^his limits the number of sys- 
tem concepts for which methane appears attractive. 

RP-1 regeneratively cooled O 2 /RP-I systems are feasible for cooling 
over small ranges provided that measures are taken to reduce the coolant temp- 
erature rise and purified RP-1 with a high coking temperature is assumed. 

This limitation is changed if a carbon deposit is assumed. With a carbon 
deposit, the total thrust and chamber pressure range was found to be feasible 
to cool. Experimental data findings do not currently support the carbon 
deposition correlations found in the literature. Therefore, further evidence 
of the benefits of carbon must be obtained before this design approach can be 
recommended. 

Pump-fed O 2 /H 2 , hydrogen regeneratively cooled engines are the 
highest-performing system candidates. Their high performance occurs not only 
because of the high theoretical performance of the propellant combination 
itself, but also because operation at high chamber pressures are feasible. 
Operation at low thrusts and high chamber pressures make these engines the 
lightest and shortest concepts. In the length-limited Shuttle Orbiter appli- 
cation, the length advantage peculiar to this system could be very important. 

It is recommended that component technology programs be initiated on a 
low-thrust O 2 /H 2 . pump-fed hydrogen regeneratively cooled engine. These 
technologies are discussed in the next section of this report. In addition, 
advanced cooling studies and evaluations should be conducted to remove the 
restrictions imposed by current design criteria, manufacturing techniques, and 
cooling configurations. 
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TABLE XX. - CONCLUSIONS AND RECOMMENDATIONS 


Viable Concepts with Conventional Cooling Methods 


02/H2, 

H2 Regen-Cooled 

Largest F & P^. Ranges 

02/H2, 

H2 Film-Cooled 

Small, Low Performance Range 

02/CH4. 

CH^ Regen -Cooled - 

Maintain CH^ above Critical 


Advanced Coolant Schemes and Concepts are Required tor 02/RP-l* 
RP-1 Cooled Engines. 

Carbon Deposition Assumption Creates a Major Impact on the 
Study Results. 

Pump-Fed O2/H2 Regen-Cooled Engines are the Highest Performance 
Option. 

Pump-Fed O2/H2 Regen-Cooled Engines Have the Largest F & P^ 
Feasible Design Ranges. 

O2/H2 Pump-Fed, Regen-Cooled Engine Component Critical Technology 
Programs Should be Initiated to: 

Reduce Risk 

° Verify Power Balance 
" Verify Performance 

Advanced Cooling Design Experimental Evaluations Should oe 
Conducted to Permit Lower Thrust and Higher Chamber Pressure 
Designs. 



SECTION VIII 


TECHNOLOGY ITEMS 


During the course of this study, recontmendations for an advanced tech- 
nology program which would enhance the low-thrust engine concepts or general 
technologies required to improve design and analysis techniques were identi- 
f ied. 


These engine technologies, dei’icted on Figure 70, cover every major 
engine component. The major technology items identified are also summarized 
in Table XXI and Miscussed briefly herein. 

If the recommended pump-fed system is ultimately selected for the low- 
thrust mission, demonstrations of high-efficiency pumps and gas turbines are 
required. Experience and/or data in the size ranges covered by this study is 
either very limited or nonexistent. These turbomachinery programs should then 
be followed by an experimental demonstration of the pumps and drives for the 
mixed expander/turboalternator cycle to verify the rotating machinery system 
perfoniunc«> and to obtain further data on system interactions. 

Current turbomachinery designs are limited in speed and performance by 
the use of conventional bearings and seals. Substitution of hydrostatic 
bearings and seals offers the potential of substantially increasing running 
speeds. Technology studies should be undertaken to obtain experimental data on 
the hydrostatic Iwarings and seals so that the perfonnance and life of the 
rotating machinery components can be increased. 

The in.iector and combustion chamber are critical components in an 
expander or turboalternator cycle because the system potver balance is depen- 
dent upon the coolant jacket pressure drop and coolant temperature rise. Ver- 
ification of cooling model design predictions is required to assure that the 
selected engine design point chamber pressure and thrust can be achieved. 

Unique chamber designs should also be evaluated to assess the possibil- 
ity 01 increasing the coolant tenqierature while still maintaining low coolant 
pressure drops. These thermally enhanced chamber designs would improve the 
engine cooling margin and I’fe and peniiit operation at higher chamber pressure 
or provide ..km e power balance margin. 

Although much work has bt'en accompl isheil in past H/0 torch igniter pro- 
grams, data should be obtained for this pressure-diameter size range. Long 
life and reliable ignition and restart capability must be demonstrated for 
this application. 

The data base on high area ratio (400:1 or greater) nozzle performance 
is very small. A tost program should be conducted with small hardware to 
verity the pinton'iance predictions. Ot iiarticular concern are the boundary 
layer and kinetic loss evaluations. 









TABLE XXI. - MAJOR TECHNOLOGY ITEMS 


P UMPS m> WIVES 

° DeiionstraU the Performance of Low Specific Speed, High Head Rise. Low -Flow, 
Multi-Stage Centrifugal Pumps 

* Experimentally Verify the Performance of Small, Low-flow, Hydrogen Partial 
AdMilsslon Gas Turbines 

** Conduct a Design and Demonstration Program on Pumps and Drives for the Mixed 
Expander/Turboaltemator Cycle 

° Evaluate the use of Hydrostatic Bearings and Seals In the Turbomachinery 
Design: to Increase Life B Performance 

THRUST CHAMBER ASSEMBLY 

** Experimentally Verify the Forecasted Injector/Chamber Performance for use In 
an Expander Cycle 

"" Evaluate Thermally Enhanced High -Flux Chambers to Extend Life, Operating 
Capability and Cooling Margin 

^ Evaluate and Demonstrate High-Altitude Ignition and Restart 
PERFORMANCE 

Experimentally Verify High Area Ratio Nozzle Performance 
(Boundary Layer B Kinetic Losses) 

ENGINE ASSEMBLY 

* Conduct a Point Design Engine Optimization Study to Drive Out Design and 
Technology Issues 

® Performance 
Life 
“ Risk 
^ Power 

“ Evaluate Methods to Achieve Thrust and O/F Control and Optimize the Control System 
COOLING 

Experlmt.i tally Evaluate Single-Channel Flow Stability for Changing Area 
Channels with Heat Addition 

” Develop a Flow Stability Computer Mcdel that Simulates the Chamber Designs 

** Evaluate Two-Phase and Transition from Two*Phase to Slngle^Phase Flow on 
Heat Transfer 

* Assess Significance of Nucleate Bolling with Subcritical Cryogens 

• Verify the Liquid Film Cooling Model Extension to Higher Liquid Entrainment 
Rates and Account for Boundary Layer Development 

(l.e.. Short Liquid Films) 

® Obtain Film Cooling Data for Dense Supercritical and Near Critical Coolants 



VIII, Technology Items (cont.) 


The engine design should be carried to the next logical Iteration or 
point design phase to further optimize the engine design, drive out additional 
technology issues, and evaluate component performance. Pump leakage and 
red rculatlon flows should be established so that the overall efficiency can 
be determined. This should be undertaken in conjunction with the cooling 
evaluations so that the turbine bypass flow requirements can be defined and 
the feasibility of the cycle power balance and design point can be estab- 
lished. The control system and controller requirements must be defined, and 
the best method to achieve mixture ratio control with a mixed expander/ 
turboalternator cycle should be determined. 

The successful completion of the engine component technology programs 
will permit entry into the engine development phase with high confidence. 

In addition to the engine technologies, several general technologies 
were identified in the cooling area. These technologies address shortcomings 
in analytical models and are listed in Table XXI. 

Models which are available to predict flow instability are based upon 
data obtained from constant diameter heated tube tests. Data should be 
obtained with specimens simulating a real chamber configuration and then 
incorporated into the computer models. 

A film boiling model should be incorporated and checked out in engine 
regenerative cooling design correlations. This work should include an assess- 
ment of the transition from two-phase to single-phase flow. Further effort is 
needed to evaluate pressure drop for two-phase flow to better prescribe pres- 
sure drop prediction formulation. 

Although film-cooled engines were not recommended by this study, they 
should not be ruled out for other applications. The use of available film- 
cooling models to analyze the study coolants over the ranges of pressures and 
engine thrusts suggests a need for additional information to improve the 
analysis. Film-cooling data for dense supercritical and near-critical 
coolants are needed to evaluate the models and demonstrate their applicability 
in this region. In addition, experimental verification of the analytical 
extension of the liquid film mode to higher liquid entrainment rates is 
needed. This should include accounting for boundary layer development with 
short liquid films. 
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